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ABSTRACT 

This  docvnient  contains  information  on  rocket  engines  using  propellants 
stored  as  liquid.1;  or  g&se;  . 

Volume  I  con  tail's  informs  tion  cn  engines  used  for  reaction  control  systems 
and  l'iv  velocit-  increment  propulsion  systems.  Cold  (ambient)  gas,  heated 
gue,  xo.noprcpellant  and  biprc-pellant  engines  are  considered.  Estimates 
are  made  of  performance ,  sire  and  power  requirements.  Operating  principles, 
hardware  details  and  systems  consideration  are  discussed. 

Volume  II  has  data  on  engines  with  thrusts  of  100  pounds  and  larger. 
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1.0  NOmCXAIURB 

k  catalyst  ted  frontal  im 

c 

A#  nozzle  exit  araa 

nozzle  throat  area 

a*  sonic  velocity 

Cp  discharge  coefficient 

Cj  nozzle  thrust  coefficient 

Cy  velocity  coefficient 

0^  specific  heat  at  constant  pressure 

cy  specific  heat  at  constant  voltase 

maximum  diaeeter  of  thruster 

thrust  chanter  diameter 

&t,  catalyst  pack  disaster 

d  nozzle  exit  diameter 

e 

dp  catalyst  particle  diameter 

d  nozzle  throat  disaster 

V 

dissociation  potential  (volts)  of  the  propellant  molecule 
F  thrust 

G  catalyst  bed  loading,  propellant  weight  flow  -  catalyst  bed 

frontal  area 

gc  conversion  constant 

he  enthalpy  of  gas  in  combustion  chamber 

h  enthalpy  of  gas  at  nozzle  exit 

I  specific  impulse 

sp 

I  total  impulse 

I.  minimum  impulse  bit 

tmin 
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throat  area 
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catalyst  bed  length 
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engine  length 
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no  rale  length 
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thrustar  length 

He 

chamber  length 
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aass  flow 
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mseber  of  injector  orifices 
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ambient  pressure 

p« 

chamber  pressure 
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nozzle  exit  pressure 

P1 

input  power 
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inlet  pressure 
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Jet  power 
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steady  state  pressure 
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catalyst  bed  pressure  drop 

injector  pressure  drop 
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gas  constant 

Re 
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8o 

spacing  between  orifice  hole  centers 
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gas  temperature  in  the  chamber 

*. 

ga  smperature  at  the  exit 
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gas  velocity  in  the  chamber 
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chamber  volume 

V. 

gas  velocity  at  the  exit 
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mass  flow  parameter 
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ablative  (B|1m  v eight 
cold  gas  thrust or  weight 
engine  assembly  weight 
radiation  engine  weight 
weight  flow 

nozzle  divergence  half  angle 
degree  of  dissociation 
nozzle  convergence  half  angle 
ratio  of  specific  heats,  c p/cy 
boundary  layer  displacement  thickness 
nozzle  expansion  ratio,  A^/A^ 
porosity  of  catalyst  bed 
engine  efficiency 
frozen  flow  efficiency 
heater  power  efficiency 
nozzle  efficiency 

nozzle  divergence  correction  fhctor 
catalyst  bed  density 
catalyst  particle  density 
gas  density  at  throat 
catalyst  sphericity 
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2.0  flUMttfff 

Information  on  rocket  engine*  using  propellants  stored  as  liquids  or  gases 
for  use  in  attitude  control  and  low  Telocity  incresMot  applications  is  pre¬ 
sented.  The  thrust  range  for  these  engines  is  fro*  nlcropouads  to  around  100 
pounds. 

Ifcrameters  which  are  important  in  the  design  or  selection  of  a  rocket  engine 
for  such  applications  are  discussed  and  data  from  engines  developed  for  space- 
craft  applications  and  research  purposes  presented.  These  include  performance 
(both  steady  state  and  transient ),  weight,  siae  envelope,  reliability,  life, 
power  requirements,  duty  cycle,  response,  repeatability,  cost  and  Interface 
considerations . 

The  various  types  of  rocket  engines  are  discussed.  These  include  cold  gas, 
heated  gas,  nonopropellant  and  bipropellant  engines.  The  various  propellants 
for  each  type  of  thrust  or  are  also  discussed.  Rocket  engine  performance  is  pre¬ 
sented  from  both  the  theoretical  standpoint  and  from  compilation  of  delivered 
performance  data  for  existing  systems.  A  tabulation  of  transient  performance 
for  existing  engines  operating  in  the  pulse  mode  Is  Included. 
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3*0  ORBODUCTIOM 

To  determine  the  performance  of  the  various  types  of  thereel  sad  chemical 
propulsion  systems,  specific  design  data  for  the  eleaents  of  the  system  are 
required  as  well  as  Information  on  overall  system  performance,  fllml  lar 
in  lb  mat  Ion  is  required  on  the  other  systems  -  electric  end  nuclear  in  order 
to  determine  the  best  system  for  any  particular  application.  Previous  Boeing 
studies  related  to  propulsion  systems  are  indicated  on  the  Figures  3*0-1 
and  3*0-2  by  document  title  and  number.  Future  system  work  vlll  be  in¬ 
corporated  into  the  document  series  shown  on  Figure  3*0-2. 

This  document  concerns  itself  with  state-of-the-art  and  design  data  of  one 
element  in  the  system  -  the  rocket  engine.  Previous  work  relating  to  all 
types  of  engines  is  shown  in  Figure  3*0-3*  Future  engine  and  thrustor  work 
vlll  he  Incorporated  into  the  document  system  shown  on  Figure  3*0-4.  Access 
to  information  on  the  remaining  propulsion  elemsnts  beyond  the  overall  systems 
and  engines  may  be  obtained  through  the  Space  Propulsion  Systems  -  Concepts 
doc rent  (DC- 113549-1) . 

Thermal  and  chemical  propulsion  technology  has  been  and  will  continue  to  be 
the  subject  of  considerable  investigation  by  government  agencies,  educational 
institutions,  and  aerospace  contractors.  The  purpose  of  this  series  of  docu¬ 
ments  is  to  provide  s  central  source  of  information  generated  by  outside 
agencies  as  well  as  to  provide  a  repository  for  related  Boeing  research. 

The  purpose  of  volume  one  of  this  docvment  is  to  present  information  on 
engines  used  for  reaction  control  systems  and  low  velocity  increment  propulsion 
systems.  The  properties  of  the  gases  and  liquid  propellants  used  In  these 
engines  and  some  system  considerations  are  also  Included. 
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Small  rocket  engines,  or  thru* tor*,  are  r**etlon  device*  and  for 

■'  .+y*j  '‘.."M7' 

and  rotational  control  of  spacecraft  and  boosters*  Translational  control  Is  > 

-  < 

concerned  with  inparting  *  translational  velocity  Id  *  specific  direction. 

It  1*  usually  referred  to  a*  “velocity  control"  or  "delta-v  {  ^v)  control". 
Rotational  control,  directed  around  a  vehicle  axis,  1*  generally  referred  to 
a*  "reaction  control"  and  1*  used  in  conjunction  with  other  device*  to  provide 
vehicle  attitude  orientation  and  control.  Velocity  oontrol  and  r**ctlon  control 
system*  use  similar  component*  though  their  selection,  design.  Installation  nod 
operating  requirement*  nay  be  considerably  different. 

4.1  VELOCITY  OOHTHOL 


Spacecraft  velocity  control  systems  are  propulsion  systems  used  for  maneuvering, 
modifying  trajectories,  and  for  changing  orbital  characteristics.  These 
applications  entail  certain  unique  features  involving  duty  cycle,  operating 
conditions,  performance  and  the  duration  of  space  storage. 

The  number  and  duration  of  discrete  operating  sequences  can  usually  be  predicted 
from  mission  plans.  For  example,  midcourse  corrections  are  usually  budgeted  In  n 
transfer  trajectory  to  remove  launch  errors  and  to  bias  aiming  point  or  arrival 
date.  This  budgeting  involves  relating  the  velocity  corrections  required  ,  to 
propellent  expenditures,  vhile  at  the  seme  time  minimising  the  number  of 
maneuvers,  commands  and  spacecraft  functions  required.  Since  velocity  control 
systems  usually  operate  for  more  than  one  »ecor  ;,  thruster  operation  is 
considered  to  be  steady  state.  Steady  state  performance  is  desirable  since  it 
minimises  transient  effects,  permits  resign  for  peek  performance,  and  allovs  the 
thru* tor  to  ranch  operating  tempt  '  -  .ore.  Consequently,  velocity  control  systems 
often  make  good  use  of  the  b':.;h<  r  performance  attained  with  monopropellant  and 


SHFE.I  17 


U  1  4«0t  I  4S4  K(V. 


USE  FOR  TYPEWRITTEN  MATERIAL  ONLY 


r  \t  ■ja-.  .  «  •  * 

tn«  COMA*- 

bipro^iUint  thrustors. 

* 

propulsion  system  hardware  Is  located^  els  much  os  possible,  withes  tin  spaceykaft. 

■  «.  v  ^ 

r.i«  tbnstora,  h ovtrer,  oust  protrudo  in  sc—  fashion  from  tbs  epeoesarmft. 

Velocity  control  thrustors  srs  usually  olossly  coupled  to  tha  spacecraft  ales g 
a  major  axis  since  the  translational  maneuvers  they  accompli*'  not  require  a 
—at  era.  nvi*  eases  the  thermal  control  requirements  caaeeraed  vith  prsmatl^i 
propellant  freezing  at  the  Inlet  lines*  But  It  can  complicate  spacecraft  thermal 
control  requirements  associated  with  angina,  nossle  and  exhaust  plume  heat  loads* 

Very  semlII  maneuvers  are  occasionally  required  from  a  velocity  control  system  for 
midcourse  correction,  orbit  trim,  or  similar  uses*  These  small  maneuvers  require 
very  small,  precise  and  repeatable  pulses  (Impulse  bite)  from  the  thrustors. 

These  factors  are  controlled  by  thrustor  else,  valve  response  end  valve  location* 

The  spacecraft  suet  be  properly  oriented  prior  to  a  translational  maneuver,  and 

\ 

subsequently  reoriented  for  the  coast  phase.  This  Is  e  function  of  the  attitude 
control  system  (ACS)  •  During  the  maneuver,  engine  thrust  vector  control  (TVC)  Is 
required  to  prevent  It  from  introducing  undesired  moments  about  the  spacecraft 
center  of  gravity. 

Velocity  control  propulsion  systems  are  selected  on  the  basis  of  performance, 
weight,  duty  cycle  and  lifetime  requirements,  reliability  and  hardware  avallablllts* 
Velocity  control  thrustoore  and  their  valves  are  designed  or  selected  on  the  basis 
of  performance,  response,  repea  tab  ill  ty,  weight,  slse,  lifetime,  reliability, 
thermal  characteristics,  availability  and  various  materials  consideration.  Primarj 
criteria  generally  are  specific  Impulse,  minimum  impulse  bit,  availability  and 
weight. 
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4.2  RRACTIOB  OORTROL 

Reaction  control  systems  (806)  are  spacecraft  propulsion  systems  Md  to 

* 

spacecraft  pitch,  yaw  and  roll  control*  They  arc  also  uaad  for  attitude 
positioning  when  conducting  major  maneuvers,  directing  sensors,  or  alsdng 
photographic  systems.  Their  unique  raqulraaants  concern  system  response, 
accuracy,  duty  cycle  and  coupon ent  location. 

Reaction  control  system  thrustors  usually  operate  In  a  pulsed  mods  to  Impart 
small  Impulse  increments  to  the  spacecraft  about  a  specific  axis.  Conssquently 
they  are  particularly  characterised  by  transient  end  pulse  mode  factors  Including 
thrust  rise  and  decay  times  and  Impulse  bit  else  and  shape.  Orerall  performance 
Is  also  quite  important. 

Reaction  control  thrustors  are  operated  by  attitude  control  system  (ACS) 
commands.  This  system  processes  information  about  spacecraft  orientation  and 
relates  it  to  desired  orientation  and  maneuver  rate  to  Issue  thruator  "OK" 
end  "CSV"  signals.  Hence,  reaction  control  impulse  bits  are  sized  and 
scheduled  against  an  assuned  duty  cycle  based  on  anticipated  disturbances, 
response  rate  limits,  and  scheduled  spacecraft  attitude  positioning  events. 

A  "limit  cycle”  mode  is  usually  used  to  accommodate  induced  disturbances  by 
applying  cycling  response  of  the  thrustors  to  s  control  band  established  by 
spacecraft  pointing  limits  and  control  rate  limits.  These  conditions  are 
subsequently  reduced  to  Impulse  bit  size,  duty  cycle  and  propellant  allowances. 
The  pulse  mods  operation  of  raaetioa  control  thrustors  viffcobeslcelly  reactive 
propellants  yields  lower  performance  than  under  steady- state  conditions  because 
of  transient  operation  effects,  engine  thermal  conditions,  and  single-varsus- 
mul tipis  design  point  considerations.  The  specific  impulse  of  chemically 
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«Un  yieyiljMki  approaches  that  of  aold  cm  propellants  vith  dMmftft 
■  *  ,  ■.  ■  1  *  %• 
paid*  frequency  and  puls*  width,  «•  Aom  in  figure  4.2-1.  Oeasequeetly, 

rtwttoa  control  thrustora  will  act  benefit  froea  the  higher  perfanusnos 

propellants  to  the  extent  that  Telocity  control  thrusters  do* 


ictlon  control  system  Is  usually  taste  lied  in  the  spaosareft  la  a 
■anner  similar  to  that  of  velocity  control  systems.  However,  the  thrusters 
are  eountsd  at  a  distance  from  the  sponsor*  ft  primary  axes  to  prowl  da  moment 
eras  for  the  rotational  motions  desired.  Largs  moment  arms  permit  small 
(lover  thrust)  engines  which,  in  turn,  are  capable  of  smeller  end  more 
precise  Impulse  bits.  Propellant  line  length  and  electrical  cabling  Increases 
correspondingly.  These  remote  thruster  locations  also  require  soma  thermal 
protection  whan  ever  propellants  are  used  which  can  freeze. 

Reaction  control  propulsion  systems  are  selected  on  the  basis  of  response, 
repeatability,  performance,  reliability  and  sraUahlllty.  Primary  erltarla 
are  specific  Impulse,  minimum  Impulse  bit,  pulse  width,  thrust  rise  and 
decay  time,  and  operating  .tolerances. 
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4.3  APPLICATIONS  FOR  LOtfAV  THRUST08S 

Small  rocket  engines  or  thrust  ore,  have  been  extensively  used  for  velocity  and 
reaction  control  of  satellites  and  boosters.  This  will  increase  with  the  in¬ 
creasing  exploration  and  exploitation  of  space.  Thrustor  selection  is  based  on 
mission  related  factors  (impulse,  duty  cycle  measurements),  system  factors 
(thrust,  weight,  size),  and  engine  characteristics  (performance,  response,  in¬ 
duced  environment).  Hence,  certain  thrustor  types  are  appropriate  to  particular 
applications.  These  circumstances  are  discussed  below. 

4.3*1  Thrust  and  Impulse  Effects 

Engines  used  for  translational  maneuvering  are  commonly  larger  and  operate  less 
frequently  than  do  engines  used  for  attitude  stabilization.  Their  operating 
duration  per  firing  is  longer,  so  steady  state  conditions  are  usually  attained. 
Impulse  requirements  for  translational  maneuvering  are  large,  so  the  higher  per¬ 
formance  of  steady  state  operation  helps  to  minimize  propellant  expenditures. 
Transient  characteristics  are  less  important  with  these  engines,  so  they  are 
generally  designed  for  high  performance  rather  than  response. 

Translational  engines  are  often  related  to  thrust  and  total  impulse  as  shown  in 
Figure  4.1-1.  This  figure  shows  that  propulsion  applications  involving  100  to 
100,000  lb-sec  impulse  and  0.01  to  lOO  ib  thrust  can  be  further  defined  by 
mission  and  thrustor  type.  The  boundaries  to  these  regions  are  not  hard  and  fast, 


They  were  derived  from  numerous  system,  mission,  and  engine  studies 


of  which 


undoubtedly  were  resolved  by  other  factors  such  as  reliability.  Nevertheless, 
this  figure  serves  a  useful  function  in  simplifying  a  complex  situation  to 
the  extent  that  application  trends  are  apparent. 


Impulse  (i.e.  propellant)  requirements  are  a  strong  function  of  maneuver  velocitj 
They  increase  with  velocity  capability  to  the  extent  that  system  weight  becomes 
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increasingly  a  function  of  propellant  loading*  Under  these  circumstances,  the 
higher  performance  propulsion  systems  nay  offer  significant  weight  advantages . 
Propulsion  systems  are  sometimes  used  for  several  maneuvers  which  may  permit 
the  use  of  higher  energy  systems.  For  example*  Lunar  Orbiter  performed  both 
midcourse  correction  (smallAv)  and  orbit  insertion  ( large  AV)  with  the  same 
bipropellant  engine.  Surveyor  uses  three  bipropellant  engines  for  midcourse 
correction,  attitude  control  during  solid  motor  firing,  and  vernier  control 
for  maneuvering  and  soft  landing.  Ranger  and  Mariner,  however,  used  their  mono- 
propellant  hydrasine  systems  only  for  midcourse  correction  maneuvers.  The  per¬ 
formance  advantage  of  mono  propellant  engines  in  the  Hanger  program  and  bipropell¬ 
ant  engines  in  Surveyor  were  enough  to  offset  their  development.  Mariner  hard¬ 
ware  and  technology  was  derived  from  Ranger.  Lunar  Crbiter  used  Apollo  program 
bipropellant  technology.  Thus,  velocity  control  systems  used  in  the  150-4000 
fpe  velocity  and  550-L500  lb  epacecraft  weight  range  currently  use  the  higher 
performance  monopropellant  or  bipropellant  engines  since  the  technology,  hard¬ 
ware,  and  space  experience  are  available. 

Impulse  requirements  are  proportional  to  spacecraft  size.  It  has  been  mentioned 
mao  prupu*3-on  system  weight  becomes  increasingly  a  function  of  propellant 
weight  with  larger  systems.  Thus,  propulsion  systems  for  large  spacecraft  can 
derive  a  distinct  weight  advantage  frost  using  the  higher  performance  mono- 
propellant  and  bipropellant  engines.  The  larger  spacecraft  currently  occur  in 
the  manned  Apollo  and  Manned  Orbiting  Laboratory  (MOL)  programs.  Maneuvering  and 
attitude  control  engines  in  the  Mercury  Spacecraft  (Apollo  Program)  used  mono¬ 
propellant  hydrogen  peroxide  thrustors.  The  succeeding  Gemini  spacecraft  used 
bipropellant  engines  for  maneuvering  anti  attitude  control  as  will  the  Apollo 
Command  (CM),  Service  (SM)  and  Lunar  (1M)  modules. 
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!»•*•  I*pulse  Is  usually  required  for  attitude  positioning  and  control  than  tor 
performing  major  maneuver*.  The  impulse  capability  provided  to  satellite*, 
especially  earth  satellites.  Is  primarily  for  attitude  control  and  Is  thus 
not  large  in  magnitude.  The  pulsing  duty  cycle  employed  for  reaction  control 
reduces  the  performance  advantage  of  monopropellant  or  bipropellant  thru* tors 
over  stored  gaa  thrustors  (cold  or  heated  gas).  Also,  the  weight  of  small 
propulsion  systems  Is  strongly  Influenced  by  components  which  are  aot  strongly 
weight-sensitive  to  thrust  level  or  propellant  loading  such  as  standard 
components  sizes,  fittings,  bosses,  mounts,  cabling  and  wiring.  As  a 
consequence,  the  lower  performance  cold  gas  systems  have  been  competitive  on 
a  weight  basis  and  have  distinct  advantages  in  simplicity  and  bsurdvare 
availability.  When  velocity  requirements  Increase,  such  as  for  velocity 
control  purposes,  a  weight  advantage  accrues  to  monopropellant  and  bipropellant 
propulsion  systems,  since  engine  performance  Is  highest  when  operating  under 
steady-state  conditions. 

Monopropellant  engines  vill  increase  in  use  as  hardware  experience,  performance 
and  availability  increases.  Hydrogen  peroxide  (HgO^)  has  been  recently  used 
as  a  monopropellant  with  good  success  on  several  satellites,  including  Syncom 
and  Comsat .  It  had  previously  been  used  as  a  monopropellant  for  reaction 
control  and  auxiliary  power  on  the  X-l  and  X-15  rocket  aircraft,  and  the 
Centaur  upper  stage  booster. 

Boosters  soul  maneuvering  stages  have  frequently  had  pulsed  bipropellant  engines 
for  reaction  control  using  the  primary  propellants.  Recently,  monopropellant 
engines  have  been  introduced  Into  booster  system  use  with  the  Burner  II  upper 
stage  using  hydrogen  peroxide  for  reaction  control.  Significantly,  the 
bipropellant  attitude  control  sand  maneuvering  engines  on  Titan  II  Trans tage 

have  been  changed  to  moao^opcllant  hydrazine  engines  using  the  Shell  405  _ 
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spontaneous  catalyst.. 


4,3.8  Response  and  Impulse  Bit  Bffeets 


Thrusters  used  for  Tory  small  velocity  corrections,  attitude  positioning  end 
attitude  control  are  particularly  affected  by  engine  pulsing  characteristics, 
•specially  thrust  response  and  impulse  bit  sine.  Good  pulsing  characteristics 
are  measured  in  teres  of  good  repeatability,  see  11  minimum  impulse  bits,  rapid 
thrust  rise  and  decay  times,  high  performance,  and  long  operating  life.  Figure 
4.3-2  is  a  generalised  guide  for  selecting  engines  to  be  used  In  pulsing 
applications  In  vhich  minimum  bit  size  is  important.  This  figure  shows 
discrete  regions  of  thrust  and  minimum  impulse  In  which  particular  types  of  engine 
(i.e.,  stored  gas,  nonopropellant  or  bipropellant)  are  appropriate.  The  boundary 
describing  the  lowest  minimum  impulse  bit  in  each  area  indicates  the  beet 
pulsing  capability  of  close-couphed,  fast  response  thruster  systems.  Adjacent 
to  these  regions  are  arrows  Indicating  the  particular  type  of  mission  to  vhich 


these  engines  are  suited.  This  figure  shows  especially  that  unmanned  earth 
orbital,  lunar  and  Interplanetary  satellites  are  the  spacecraft  which  require 
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engines  of  less  than  1  pound  thrust  and  10“^  lb-sec  minimum  impulse  bit 
capability.  Boosters,  reentry  and  boost  glide  vehicles  and  manned  satellites 
use  larger  engines  which  have  larger  minimum  impulse  bits.  Future  large 
unmanned  satellites  may  use  larger  engines,  but  they  stay  still  need  relatively 
small  minimum  impulse  bits.  Small  engines  will  be  used  in  applications  involving 
the  smaller  satellites,  low  maneuver  rates,  extremely  fine  pointing  require¬ 
ments  or  where  they  are  used  in  conjunction  with  other  attitude  stabilisation 
devices* 

Response  characteristics  are  transient  conditons  involving  chamber  pressure, 
thrust,  impulse  and  time  during  the  start-up  and  shutdown  phases.  Transient 
effects  are  more  pronounced  with  small  pulses,  slow  acting  valves,  large 
thrust  chambers,  low  propellant  temperatures  and,  sometimes,  with  increased 
pulse  spacing.  Transient  conditions  including  ignition  delay,  thrust  build-up 
and  thrust  decay  are  shown  in  Figure  1.3-3.  Some  differences  exist  in  the 
industry  concerning  the  meaning  of  these  terms,  especially  as  they  apply  to 
different  engine  types.  Ignition  delay  is  used  herein  for  that  period  of  time 
consumed  between  initiation  of  the  electrical  ignition  signal  and  first  detection 
of  a  corresponding  reaction  in  chamber  pressure.  This  includes  time  increments 
involved  in  electrical  and  electro-mechanical  delays,  propellant  transport  lag 
and  delays  in  chemical  reaction  initiated  by  hypergolic,  electrical,  thermal  or 
catalytic  means.  Bipropellant  engine  manufacturers  sometimes  use  the  term 
"ignition  delay"  for  what  is  actually  the  chemical  reaction  delay.  Thrust 
build-up  and  decay  periods  are  defined  by  the  time  required  to  reach  a  specific 
thrust  level.  They  are  usually  given  as  a  percent  of  maximum  steady  state 
thrust  and  measured  in  terms  of  equivalent  chamber  pressure. 
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Figure  4.3-3  shows  two  falser  from  a  sequence  of  ten  obtained  with  a  small  bi- 
propelJant  thruster  operated  at  a  nominal  duty  cycle  of  <j%.  This  sequence 
shows  transient  characteristics  ind  reproducibility  of  chamber  pressure, 

i 

propel  l.iiit  inlet  pressure,  and  valve  current  and  voltage  as  the  vai/e  is  j 

actuated  fer  each  puise.  The  chamber  pressure  trace  shows  that  eleven  (LJ  mseci 

i 

were  consumed  between  the  at<n  Li  cation  of  valve  voltage  and  reaching  rated 

I 

thrust.  Approximately  four  (4J  msec,  of  this  were  taken  up  by  the  electrical 

| 

delay  and  valve  poppet  opening  tine.  The  remaining  seven  (73  msec,  include 

! 

tne  iny^ctor  and  feed  tube  filling  time,  propellant  ignition  delay,  and  the  j 

\ 

tine  required  to  fill  the  chamber  volume  with  combustion  gases.  The  shutdown  j 

i 

transient  consumed  approximately  eleven  (11)  msec,  between  removing  v^lve  j 

i 

power  ana  attaining  essentially  thrust.  This  time  wa3  consumed  in  electrical 
delay,  valve  poppet  closing,  emptying  the  "dribble  volume",  and  emptying  the 
chamber  of  gases. 
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Engine  response  characteristics  are  primarily  controlled  by  the  chamber  design 
and  the  valve- chamber  relationship.  These  characteristics  depend  on  the  valve 
actuation  time,  and  the  propellant  volume  contained  between  the  valve  and  the 
injector  ("hold-up  voluse").  When  quick  response  is  desired  for  rapid  thrust 
build-up  or  pulsing  operation,  fast  acting  valves  are  closely  mated  to 'the 
engine  to  minimize  propellant  "hold-up  volume."  Such  engines  are  referred 
to  as  "fast- acting"  and  "close-coupled."  Thrust  chamber  volume  is  important 
because  small  thruster  chambers  have  faster  response  characteristics.  Ft>r 
quick  response,  chamber  volume  should  be  as  small  as  possible,  though  not  so 
am  all  that  performance  is  reduced  through  incomplete  combustion.  Chamber  size 
is  described  in  terms  of  L*,  the  chamber  characteristic  length,  which  is  equal 
to  the  chamber  volume  per  unit  of  nozzle  throat  area.  Figure  4.3-4  shows  how 
ignition  delay  increases  with  L*.  Figure  4.3-5  shows  how  (l)  performance 
decreases  with  decreasing  L*  and  (2)  that  there  is  a  performance  difference 
in  chemical  engines  designed  for  pulse-mode  operation  as  opposed  to  those 
desired  for  single  point,  steady- state  operation. 

Characteristic  length  (L*)  affects  response  in  cold  gas  systems,  but  it  does 
not  affect  performance  since  chemical  reactions  are  not  involved.  Chamber 
temperature  of  cold  gas  thrusters  is  constant  except  as  it  is  influenced  by 
variations  in  state  or  source  temperatures.  Consequently,  cold  gas  thruster 
performance,  though  comparatively  low,  is  constant  and  predictable  throughout 
system  operation,  simplifying  the  design  of  attitude  control  logic. 

Monopropellant  engines  do  not  behave  in  this  fashion.  Since  they  are  designed 
to  operate  at  elevated  temperature,  performance  is  variable  until  stable 
operating  conditions  exist.  This  happens  when  the  engine  and  catalyst 
have  been  raised  to  operating  temperature  by  heat  obtained  from  the 

SHEET  28 


U  S  4«0?  1414  «n  .  •-«» 


Uif  FOR  TYPCA'RITTfN  MATFPIAL  ONLY 


COMPANY 


REV  LTR  . 


r  ; 


$  6 


8 

E 

g  2 


CHARACTERISTIC  LEH3TH,  L*  -  in 


Figure  k.  3-4 


TOHUST  RESPONSE 


(Ref.  4) 


Designed  for  Steady-State  Application 


ioo  r 


o  SO 

12 


-Designed  for  Pulsed  Application 


S  5° 


Sources 

Rocketdyne  Reaction  Motors 

Marquardt  STL 

Tapco  Aerojet  ' 


U  I  4*0?  '114  If  v  .  4-tS 


USE  FOR  TYPEWRITTEN  MATERIAL  ONLY 


f 

f. 


:TM|  eOM»W«V 

decomposition  process  •  Performance  is  reduced,  and  thrust  rise  timee  extended, 
until  stable  operating  conditions  are  attained.  Thus,  mo  nopropellant  eegjn* » 
do  not  exhibit  uniform  performance  and  response  characteristics  under  all 
operating  conditions. 

i 

Translational  maneuvers  are  controlled  by  either  a  timer  or  an  accelerometer. 
Maneuver  rate  data  is  used  to  control  attitude  orientation  maneuvers.  Timed 
maneuvers  accumulate  deviations  from  scheduled  performance  as  a  total  error  at 
end  burn.  Maneuvers  controlled  by  accelerometer  or  rate  data  correct  for  these 
deviations  accumulating  only  those  errors  attributable  to  instrwentation 
tolerance  and  thrust  tailoff  variations.  An  additional  error  may  develop  fro* 
interference  in  pulse  scheduling  when  response  is  so  slow  that  additional 
pulses  are  commanded  before  previously  ordered  pulses  are  detected.  This  is 
particularly  appropriate  to  "cold"  (ambient)  monopropellant  engines.  Manuever 
error  is  greatest  with  timed  maneuvers,  being  generally  on  the  order  of  10-30J8 
for  vary  small  maneuvers  (a=o.iO  m/sec)  and  3-758  for  large  maneuvers  ra/sec) 

In  most  installations  accelerometer  control  can  be  justified  for  maneuvers 
exceeding  0.1  to  10.0  m/*ec. 

Bipropellant  engines  lose  little  performance  to  engine  warm-up  since  combustion 
temperatures  are  so  much  higher  (5000-6000°P)  than  with  monopropellants  (1800- 
330U°P)  that  it  is  necessary  to  keep  the  chamber  walls  from  overheating.  These 
engines  depend,  to  some  extent,  on  film  cooling  by  using  a  fuel  rich  barrier  at 
the  chamber  walls.  Since  no  catalyst  is  required  there  is  little  interior  chamber 
mass  to  be  brought  up  to  operating  temperature.  Pulsed  bipropellant  engines 
do  lose  same  performance  due  to  mixture  ratio  variations,  though  impulse 
variations  appear  to  be  small  and  reasonably  linear.  When  a  bipropellant  engine 
is  required  to  operate  in  a  pulse  mode  it  is  specifically  designed  for  these 
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conditions.  It  usually  baa  low  steady  state  perfonaaosj  as  sbova  la  figure 
4.3-5#  but  for  a  particular  design,  parfcxrsance  and  response  is  consistent 
over  a  vide  range  of  operating  conditions*  Ht  oaa  thus  be  used  in  timed, 
acceleroneter  controlled,  and  rate  controlled  Maneuvers  vith  relatively  simple 
control  logic. 

Vast  acting  propellant  valves  a re  necessary  to  quick  engine  response.  Baeee 
valves  must  be  capable  of  rapid  and  positive  response.  Direct  acting  solenoid 
valves  ST  torque  motor  actuated  valves  are  usually  preferred.  Typical  valve 
actuation  periods  are  in  the  5-10  millisecond  range. 

|  Cold-gae  thrustors  have  superior  response  capability  In  that  fast  acting, 
close-coupled  hardware  can  be  used,  thrust  characteristics  are  relatively 
Insensitive  to  propellant  or  hardware  temperature,  and  simple  control  logic  can 
be  used.  Response  of  cold  gas  engines  is  1  incited  by  valve  capability  vfaich  la 
currently  on  the  order  of  5-7  milliseconds.  Transport  lag  can  be  as  brief  as 
1-3  milliseconds.  Time  to  90%  thrust  then  can  be  leas  than  7  milliseconds. 
Repeatability  of  cold  gas  engines  is  quite  high. 

Monopropellant  systems  have  larger  hold-up  volumes  due  to  valve  and  injector 
design  requirements  so  that  transport  lag  with  the  liquid  aonopropellant  Is 
somewhat  higher.  Monopropellant  engines  will.  In  pulsing  operation,  be  somewhat 
less  repeatable  since  the  volume  uncertainties  involve  liquids  Instead  of  gases, 
and  response  characteristics  are  Influenced  by  thermal  conditions.  Response 
to  90%  thrust  exceeds  7  milliseconds  for  small  monopropellant  thrustors  designed 
for  pulsing  operation  and  operated  vith  ambient  propellants  and  a  hot  catalyst 
bad.  Performance  la  higher  than  with  moat  cold  gas  engines. 
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Bipropellant  systems  hare  hold-op  volume  and  hydraulic  las  effects  in  Both  the 
fuel  and  oxidlter  circuit*  and,  in  addition,  they  require  some  degree  of  Mixture 
ratio  control.  In  small  engines,  transport  lag  may  cenataoe  4-5  milliseconds. 
Snail er,  fast- response,  close-coupled  bipropellant  engines  are  capable  of  15-25 
■dill Seconds,  response  to  90%  thrust. 


4.3.3  Packaging  Effects 

Propulsion  system  installed  volume  nay,  at  tinea  be  an  important  factor  due  to 
limitations  Imposed  by  the  booster,  shroud,  spacecraft  structure,  or  expsrlaenti * 
Cold  gas  systems  are  inferior  in  this  regard  since  a  relatively  large  amount 
of  propellant  is  stored  in  the  gaseous  state.  However,  cold  gas  equlpaent  mey 
be  easier  to  position  on  the  spacecraft  sines  therein  no  danger  of  propellant 
freezing.  Additionally,  cold  gas  thrustors  have  minimum  thermal  Interference 
with  adjacent  spacecraft  equipment. 
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5.0  ROCKET  ENGINE  PERFORMANCE 

The  basic  steady-state  performance  equations  for  rocket  engines  are  developed 
in  detail  in  numerous  textbooks  among  vhich  are  References  5  and  6  .  Hiese 
equations  are  briefly  developed  herein  to  support  subsequent  discussions  of 
delivered  steady-state  performance,  and  of  transient  performance. 

5.1  THEORETICAL  STEADY  STATE  PERFORMANCE 

The  theoretically  ideal  rocket  is  based  on  adiabatic,  steady  state  flow  of 
hoaogeneou*,  ecmpositionally  invariant  propellants  (in  chemical  equilibrium) 
vhich  obey  the  perfect  gas  lavs,  vhich  develop  no  friction,  ar.d  vhich  have 
uniform,  axially  directed  velocity.  These  assumptions  permit  one-dimenBionsl 
analyses  of  the  rocket  engine. 

Rocket  engine  thrust  is  defined  by  a  momentum  plus  pressure- ti;n«- -area  term: 

F=^V-CPe-T?pAe  (5.2-1) 

The  principle  of  conservation  of  energy  is  used  for  gas  velocity  at  the  nozzle 
exit.  FOr  an  adiabatic  gas  expansion  (no  heat  transfer  between  the  gas  and 
nozzle)  having  no  friction  between  the  gas  and  the  nozzle  vail,  the  conservation 
of  energy  requires  the  decrease  in  gas  enthalpy  to  be  equal  to  the  increase  in 
gas  kinetic  energy.  That  is, 


Ah=  Zl//£-g< 


For  a  perfect  gas 


t>c-Kft=A^=CP[Tc-TcJ 

CP=  IE. 

Tf-I 


(3.1-2) 

(3-1-3) 

(3.1-^) 
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For  an  isentropic  process. 


Tc 

Te 


Kfcll 


id 
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(5.1-5) 


Assuming  that  the  ehauber  cros3-sectlonal  area  is  large  compared  to  the  throat 


area,  v  is  small  and  can  be  neglected: 


(5.1-6) 


The  ma3s  flow  rate  equals: 


=  —  =  — A^V+ 

%  %  ^Vt 


(:>»  i  -7) 


Tlie  tiu'oat  velocity  vt  is  equal  to  the  speed  of  sound  at  the  throat,  which  is 


V  ■  |M) 


(5.1-3) 


The  1  lev  density  at  tue  threat  is  related  to  the  chamber  density  by 

o  r  o  ~ i  Ht-D 


l  -  r z 


(5.1-;') 


Using  the  ideal  gas  relationship, 


TL. 

RH 


(5.1-10) 


and  subs  til  uting  equations  (5.1-6)  and  (r>, 1-0  into  equation  (3.1-7)  given 

- - -  „  GfeD.-, 


•  =  P«  At*  ,  /  z  Wifi 


(5.1-il) 
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(?.1-19) 


A  plot  oi'  this  equation  is  shown  in  Figure  5.1-1.  It  contains  &  velocity 
thrust  coefficient  (Cp^)  and  a  pressure  thrust  coefficient  (Cp  ),  such  that: 


Cp  —  C_  +  Cp 
* i  Fv  FP 


(5.1-20) 


where: 


(5.1-21) 


(5.1-22) 


Specific  impulse,  1^  ,  equals : 


(>.i-S3) 


Combined  with  (r.l-ll),  (^.1-13),  thi3  becomes: 


I-.-r 


F  G .  j  o  Hi 
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Equation  (5*  1-24)  can  be  further  simplified  to 

t  -  Siii  r  3g  i4 

~^r'  P‘  ~  W  _ 'Til  __ 


(5.1-E5) 


by  defining  a  weight  fxow  parameter,  W,  a;: 


(.5.1  -lt:>) 
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so  that 


'Tty  =  VP.  A, 


f'- ~yn_~l 

l~^J 


(5-1-27) 


Equation  5*1-19  is  shown  Graphically  in  Figure  5. 1-1  for  specific  heat  ratios 
of  1.1  to  1.66.  Equation  5*1-16  Is  shewn  graphically  in  Figure  5.1-?  for 
specific  heat  ratios  from  1.1  to  1.7*  These  equations  assumes  a  constant 
specific  heat  ratio  during  the  expansion  process.  In  general,  this  is  a 
valid  assumption  because  the  effects  of  temperature  and  pressure  on  specific 
heat  ratio  are  small  . 


5*2  DELIVERED  STEADY- STATE  PERFORMANCE 

Delivered  performance  differs  iron  tiieoreti  cal  values  because  actual  conditions 
vary  from  those  assumed  in  the  ideal  case.  Primary  variations  can  be 
attributed  to  boundary  layer  effects,  nozzle  divergence  angle  effects,  and 
nor. -homogenous,  chemically  changing  propellant  conditions  (luring  the  flew 
process. 


'j.Z.l  BOUNDARY  LAYER  EFFECTS 

The  effect  01  bouridary  layer  growtn  on  nozzle  performance  is  tve-fold: 

a.  The  average  gas  exhaust  velocity  is  reduced  because  of  friction 
between  the  gas  arid  the  nozzle  wall  in  the  bouuiary  layer. 

b.  'Pie  effective  area  ratio  cf  the  nozzle  is  reduced  by  growth  of  the 

boundary  layer.  The  thickness  of  the  boundary  layer  is  characterized 

r 

by  the  displacement  thickness,  £  *. 
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FIGURE  5.1-2  MASS  FLOW  PARAMETER 
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Nozzle  flow  with  a  boundary  layer  is  schematically  illustrated  below: 


Hauj 


K 


NOZZ.Lt  Bob'/ 


Velocity  Profile 


FIGURE  5.2-1  NOZZLE  FLOW  WITH  A  BOUNDARY  LAYER 

An  estimate  of  nozzle  performance  can  be  obtained  by  calculating  the  boundary 
layer  displacement  thickness,  and  the  total  viscous  drag  force  at  the  nozzle 
wall.  For  design  purposes,  the  use  of  the  correction  factors  Cy  and  Cjj  is 
non t  convenient.  Values  of  Cy  and  can  be  estimated  from  the  experimental 
data  summarized  in  Figures  5.2-2  2nd  l.f-3.  The  correction  factors  Cy  and 
C^  are  applied  to  the  ideal  performance  factors  in  the  following  manner: 


actual 


:Fy  CV  ‘  CD  +  CFp 


(3  •?’-!) 


Actual 


T5v;  pressure  tiiru.it  coefficient,  Cp  ,  is  a  small  part  of  the  total  thrust 

P 

coefficient,  being  less  than  of  the  total  thrust  coefficient  for  area  ratios 
above  approximately  -;C  :  1,  at  l[  =  1.4  .  Therefore,  the  velocity,  divergence, 
and  discharge  coefficients  can  be  applied  to  the  total  ideal  tlirust  coefficient. 


Cjr  ,  without  significant  error.  Thai  is: 


•a:+  lal 


"  X  CV,  *  Cv  *  CD 


(5*^-3) 
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Hie  difference  between  ideal  and  actual  nozzle  performance  is  primarily  the 
result  of  boundary  layer  effects,  so  the  velocity  and  discharge  coefficients 
are  "“orrelated  by  the  throat  Reynold's  number,  as  shown  in  Figures  5*2-^  and 
5.2-3.  Hie  throat  Reynold's  number  is  calculated  from: 


^  (.1^^  )/  (4-dt') 


(5.2-4) 


5.2.2  DIVERGENCE  ANGLE  EFFECT'S 

The  nozzle  divergence  correction  Is  necessary  because  of  the  divergence  of 
exit  velocity  vectors  from  the  axial  direction,  represented  below: 


xre  sm  e 


Altnough  the  velocity  vectors  have  a  magnitude  equal  to  the  ideal  one-dimensional 
value  ve1. ,  the  component  (v  sin  9)  produces  no  useful  axial  thrust.  Hie 


correction  factor  for  nozzle  divergence  is  designated 


(\), 


and  is  evaluated 


\  «  1/2  (1  +  cos  ) 


(5.2-5) 


where  ^  is  the  nozzle  divergence  angle  shown  above.  Hie  divergence  angle 
correction  factor  Is  applied  to  the  velocity  term  in  the  thrust  coefficient 


such  that: 


XCFU  +  CFt 


(5.2-6) 
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Figure  5.2-4  shovs  the  effect  of  nozzle  divergence  angle,  on  thruat 
coefficient  as  a  function  of  nozzle  expansion  ratio,  and  specific  heat  ratio, 
and  divergence  angle  of  conical  nozzles. 

5.2.3  PROPELLANT  AND  GAS  EFFECTS 

In  the  real  case,  actual  performance  also  differs  from  "ideal”  values  because 
the  propellants  arc  not  really  homogenous,  composi tionally  invariant  and  in 
chemical  equilibrium  throughout  the  chamber  and  nozzle.  Moaopropellant  engines 
are  reactors  designed  to  change  propellant  condition  by  catalysis.  This 
process  permits  propellants  to  exist  in  various  conditions  within  the  chamber. 
Additionally,  dissociation  may  also  follow  this  process,  as  with  neat 
hydrazine  (NpH^).  Qi propellant  engines  are  designed  to  promote  chemical 
reaction  cl'  fuel  and  oxidizer  within  the  cliamber.  Obviously,  composi  tional 
variations  exist  throughout  the  mixing  end  chemical  reaction  process  which, 
when  related  to  time,  represents  different  locations  within  the  engine.  Fuel 
rich  flow  is  usually  provided  to  cool  the  chamber  walls.  Also,  recombination 
can  accompany  these  processes.  Since  these  effects  are  related  to  ermine 
decigu  they  will  be  discussed  additionally  under  the  particular  engine  involved 

Certain  propellants  contain  water  vapor  as  an  exhaust  product.  Vapor  condensa¬ 
tion  lias  been  suggested  as  a  source  of  performance  variations  from  that 
calculated  for  "ideal"  conditions.  However,  condensation  effects  on  nozzle 
performance  cannot  now  be  predicted  with  confidence  in  view  of  the  uncertaintie 
involved  in  experimental  efforts  conducted  so  far.  Further  elaboration  on 
this  subject  is  available  in  References  7,  9  and  10.  Until  this  effect  is 
resolved,  it  is  recommended  that  the  magnitude  of  condensation  eflects  be 
neglected  in  performance  estimates. 
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5.3  TRANSIENT  PERFORMANCE 

An  analytical  procedure  is  presented  herein  for  determining  transient  per¬ 
formance,  based  on  the  analysis  and  experiments  of  Greer  and  Griep  (Reference 
9)  and  assuming 

1)  Constant  density  flow  thru  the  valve  orifice  occurs 

2)  Choked  flow  at  both  the  valve  orifice  and  the  thruster  throat 

3)  Instantaneous  valve  opening  at  6  *  0. 
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The  thru3ter  rise  time,  neglecting  valve  transient  effects,  is  the  time 
required  to  reach  Pc/P88  a  1,  or. 


-0- 


3-  ;  ■  i  — - 

o',  U1  LH- 


•  j 


(5.2-12) 


The  decay  time  required  for  the  pressure  to  fall  from  Pgs  to  Pa,  is 

i — • 


where 


"I 


a,, 

1  ~ i/  J 


U,  CM) 


(5.2-13) 

(5.2-1^) 


u,.  (f  ) 

r-  \  ^  \  l  -4-  I  / 


(5.2-15) 
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The  preceding  equations  show  that  the  thruster  rise  and  decay  times  can  be 
da creased  by: 

1)  minimizing  the  plenum  chamber  volume,  Vc 
r)  making  the  valve  orifice  area,  A0,  large  compared  to  the 
nozzle  throat  area,  A^. 

Note  that  this  analysis  does  not  include  the  effects  of  a  finite  valve  opening 
time,  or  the  effects  of  electrical  delays  between  application  of  an  opening 
command  and  motion  of  the  valve  poppet.  For  well-designed  thrusters,  these 
delays  are  of  the  same  magnitude  as  the  thruster  pneumatic  delays.  As  a 
result,  the  transient  response  analysis  must  include  the  valve  characteristics 
as  well  as  the  thrust  charuc teristics . 
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6.0  THBU5TQRS  FOR  LOW A  V  APPLICATIONS 
601  OOLD  GAB  THKUPIKfl 
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"Cold"  gas  propulsion  systems  (Figure  6*1-1)  are  popular,  state»of»<thc- 

art  systems  driving  from  a  large  variety  of  spec  e-quallfled,  "off -the- 

.  -  >. 

•half"  hardware*  Such  new  component  develepaent  as  la  necessary  for 

particular  application*  iarolves  minimum  derelopaent  tine  and  expense* 

These  systems  are  relatively  simple,  reliable,  low  coat  and  easy  to  develop 

items  which  still  deliver  adequate  performance  and  very  snail,  precise 

and  repeatable  impulse  blte0  The  principal  disadvantages  of  cold  gas 

system  Involve  low  specific  impulse,  hence  high  propellent  weight,  and 

relatively  high  storage  system  weight  to  store  the  propellant  as  a  gas. 

Some  vei.-vt  reduction  Is  possible  by  using  propellants  which  ere  liquid 

at  sclent  conditions  such  an  propane  or  ammonia* 


Thrusters  for  cold  gas  systems  are  simple  in  design,  consisting  of  a  gee 
plenum  chamber ,  nozzle,  solenoid  gas  valve  and  an  inlet  line*  Figure 
6*1—2  shows  a  typical  cold  gas  thrustor  at  the  type  used  vlth  satisfactory 
results  throughout  the  lunar  Orbiter  program*  The  principal  variation  to 
this  design  involves  mounting  the  plenum  and  nozzle  in  some  installations 
in  such  a  way  that  the  thrust  vector  la  et  an  angle  with  respect  to  the 
gas  supply  vector  to  the  plenum  o 

6.1*2  Fsxircxpuc  of  onsunox 

Cold  gas  propulsion  systems  rely  upon  gases  stored  at  higher  then  environ¬ 
mental  pressures  to  produce  thrust  upon  expansion  through  a  pi  mine  mjsils 

% 

arrangement o  The  gaeeous  propellant  is  usually  stored  in  high  pressure 
(9000  -  **000  psia)  gas  bottles  at  asblent  conditions*  They  ere  thus 
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FIGURE6.i  l.  TYP  ICAL  COLD  GAS  SYSTEM 
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FIGURE  6. 1-2.  TYPICAL  COLD  GAS  THRUSTOR 
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•.  Twfwrred  to  as  "cold  g;*"  «ygto»,  as  apposed  to  J1wct«ri|i  -'gM* ;'sy*huiiz 
Id  which  thermal  mvff  1*  added  to  the  propellant  prior  to  ascension. 

>  * 

Xa  spacecraft,  the  gaseous  propellant  siqpply  is  gown Uy  iaolntod  cron  the 

rest  of  the  ay* too,  prior  to  operation,  to  allov  servicing  and  checkout 
operations  and  to  mjnlalac  propellant  leakage.  The  system  is  activated  by 
firing  the  isolation  squib  valves,  proriding  propellant  to  the  thruster 
valve  inlet  0 

This  is  usually  dona  prior  to  launch  in  the  pre»lsunoh  or  eountdosn 
sequence,  or  after  reaching  orbit a  Cold  gas  systems  art  usad  infrequently 
in  boosters,  and  then  without  isolation  valving  of  the  high  pressure  gas 
circuit* 

The  thrust  or  valve  controls  gas  flow,  sad  consequsntly  the  impulse  delivered 
by  the  engine,  nils  valve  is  usually  spring  loaded  so  that  failure  of  the 
power  supply  or  solenoid  coll  esusee  the  valve  to  fell  in  a  closed  position. 
In  noresl  operation,  an  electrical  command  energizes  the  solenoid  coil, 
during  the  valve  armature  and  lifting  the  valve  poppet  from  the  seat.  Ibis 
uxports  the  valve  exit,  permitting  gas  to  enter  the  plenum  chasJber.  A 
smooth  flow  transition  is  provided  to  the  nosale  entrance.  The  gas  under¬ 
goes  a  controlled  expansion  in  the  nozzle,  converting  the  random  gas 
molecule  velocity  (measured  by  gas  tesperature)  to  an  ordered  exhaust 
velocity.  The  Increase  In  mesa  gas  velocity  from  essentially  zero  in  the 
plenum  chamber  to  the  eafcaust  velocity  at  the  nozzle  exit  produces  a 
remrtlcn  fores,  or  thrust.  Additional  thrust  results  from  the  pressure 
differential  (nozzle  exit  pressure  to  asblent  pressure)  acting  orviar  the 
nozzle  exit  area 
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6.1.3  OULD  GAS  TRRU3TOR  CONSTRUCTION 

The  cold  gas  thrustor  is  the  simplest  of  3mall  rocket  engines,  having  only  one 
propellant  and  requiring  no  catalyst.  Figure  6Jf*3shovs  the  construction  of  a 
typical  unit  involving  a  closely  integrated  valve  and  engine  unit.  Physically 
it  consists  of  a  nozzle,  plenum  chamber,  and  propellant  control  valve.  The 
valve  is  predominant  in  cold  gas  thrustors,  and  especially  so  at  lover  tiurust 
levels  such  as  shown  here. 

Materials  and  construction  methods  are  selected  to  satisfy  the  requirements 
for  low  cost,  light  weight,  reliable  systems  having  high  cycle  life  and  very 
low  leakage  characteristics.  Shell  and  closure  materials  can  be  of  high 
strength  alt.  .11  sum  alloys,  such  as  t?0P4,  since  thcrrml  variations  in  the  chamber 
are  small.  Attaching  the  nozzle  assembly  by  means  of  mounting  screws,  as  shown, 
makes  it  easy  to  change  tlirust  level  or  nozzle  expansion  ratio  by  switching 
to  nozzles  with  different  throat  and/or  exit  areas.  This  enables  a  single, 
basic  unit  to  satisfy  a  range  of  thrust,  expansion  ratio,  or  geometry  require¬ 
ments,  thereby  reducing  unit  costs  and  development  requirements. 

The  flow  control  unit  consists  of  a  hard,  tungsten-carbide  poppet  and  a 
stainless  steel  poppet  seat.  This  assures  a  good  gas  seal  lor  many  operating 
cycles  during  prolonged  exposure  to  the  space  environment.  Internal  and  external 
leakage  are  reduced  by  providing  teflon  and  .silicon  gaskets  and  by  strongly 
loading  the  poppet  seating  spring. 

6.1.4  GOLD  GAS  PROPELLANTS 

"Cold  gas"  thrustors  used  propellants  stored  in  gaseous  form  at,  or  near, 
ambient  condi  t  .  They  may  also  use  gaseous  propellants  stored  as  liquids 
at  reduced  temperatures.  They  are  referred  to  us  "cold  gas"  thru*tors  primarily 
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to  distinguish  than  from  engines  in  which  heating  takes  place  by  electrical, 
isotopic,  or  chemical  means, 

“Cold  gas*  thrustors  have  been  operational  for  many  years.  During  this  period 
many  different  gases  such  as  those  in  Tabls  6.1-1  have  been  suggested  as 
candidate  propellants.  Primarily,  they  have  consisted  of  single  component 
gases,  though  some  gas  mixtures  have  also  been  considered.  Generally,  these 
gas  mixtures  occur  as  byproducts  of  other  subsystems,  such  as  for  life  support. 
Only  single  c<*eponent  gases  are  currently  used,  however,  and  among  these, 
nitrogen  applications  predominate. 

6.1.5  PERFORMANCE 

CoZ  i  gas  thrustor  performance  may  be  rather  easily  determined  on  an  ideal 
basis  by  use  of  expressions  5.1-19  through  5. 1-^7.  This  involves  an  assumption 
that  the  specific  heat  ratio  (  # )  is  constant  during  expansion.  This  is  a  valid 
assumption  since  pressure  and  temperature  effects  are  small  enough  to  be 
neglected  with  most  propellants.  Hydrogen  gas  is  an  exception  in  this  case. 

These  performance  expressions  also  require  assumptions  for  noszle 
expansion  ratio  and  chamber  operating  pressure  and  temperature.  These  latter  two 
items  (chamber  pressure  and  temperature)  do  not  remain  constant  when  the  system 
uses  an  unregulated  blowdown  mode.  In  fact,  gas  storage  temperature  is  not 
constant  during  pressure  regulated  operation,  either,  due  to  gas  expansion  in 
the  storage  bottle. 

Theoretical  performance  of  selected  cold  gas  propellants  is  shown  in  Figure 
6.1-1.  However,  in  preliminary  design  exercises,  steady  state  performance  of  cold 
gas  propellants  is  not  usually  estimated  from  this  data  even  if  efficiency  J 
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factors  are  available.  Rather,  it  iB  arbitrarily  specified  u  68  lb^aec/lbm 
for  nitrogen  consistent  with  a  i8uuF  t.o  -4.0WF  blowdown  temperature  range. 


This  procedure  has  developed  from  numerous  designs,  studies  and  applications 
conducted  throughout  the  industry.  It  Is  also  not  uncommon  to  supplement  this 
with  a  propellant  loading,  based  on  safety  factors  between  ?.0  and  3*°*  In  other 
words,  Industry  experience  with  nitrogen  systems  in  a  variety  of  applications 
has  produced  a  relatively  conservative,  but  constant,  value  of  63  ibj.-Bec/lbm 
for  use  in  preliminary  subsystem  design.  Nitrogen,  being  easily  t'ne  most 
popular  "coil  gas"  propellant  has  also  developed  into  somewhat  of  a  standard 
in  that,  performance  of  ether  rates  may  be  estimated  by  comparison.  For 
example,  the  ’ideal"  performance  equation: 


J  . 


(-<  V  Ft; 
W  i  Oi 


(5- 1-25) 


can  be  further  simplified  to: 


r. 


k-cpl 


(6.1-1) 


where:  =  a  constant  for  a  particular  gar,  at  specified  conditions 

Hence,  the  specific  impulse  of  any  other  gas,  I  _  ,  equalc: 


T  *  T 


^  AWx 


(6.1-0 


(6.1-3) 


On  thic  basi.3,  lie  J  i  urn  yieias  a  steady  state  specific  impulse  of  1^8  lb^.  sec/ lb 


ut  equivalent  vain 
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6.1.6  COLD  GAS  THEUSTOH  DESIGN 

Most  cold  gas  thrustors  are  engine-valve  arrangements  ceabined  in  a  single 
housing  into  which  different  aise  nozzles  can  be  installed.  Pralinrinary 
design  of  the  cold  gas  thrust  chamber  and  nozzle  can  be  conducted  in  the 
following  manner: 

1)  Assume  engine  thrust  level,  P 

2)  Determine  propellant  flow  rate,  w,  by: 

w  -  F/Is  (6.1-4) 

where:  ls  =  68  lbf  sec/lbm  for  nitrogen 

Calculate  Is  for  other  propellants  using  equation  6.1-*i 

3)  Determine  Cp  for  the  propellant  from  Figures  5.1-3,  5.«i-5  or  equations 
5.1-19  through  5.1-^i. 

U)  Assume  chamber  pressure  equal  to  40  psia  for  pulse  operated  engines 
or  150  psia  for  steady  state  operation.  Structurally,  any  value  less 
than  400-450  psia  is  usually  possible.  However,  high  chamber  pressure 
needs  a  small  nozzle  throat  which  is  sensitive  to  contamination  and 
difficult  to  produce  economically,  within  tolerances,  below  0.01  inches. 
The  40  psia  value  is  common  for  small  attitude  control  engines.  Steady 
state  operation  usually  involves  higher  thrust  levels  permitting  the 
higher  chamber  pressure  suggested. 

5)  Calculate  nozzle  throat  size  by: 

At  =  F/Pc  Cr  (6.1-5) 

6)  Determine  chamber  volume,  Vq,  by: 

Vc  -  L*  (At)  (6.1-6) 


SHftT  56 


i  s  no?  um  =■  :  v  . » -  m 


NUMBER  pp.nknA.9 

REV  LTR 

where:  L#,  chamber  characteristic  length  is  selected  above 
a  minimum  of  10  inches  to  minimize  inlet  effects  of 
gas  flow  into  the  chamber. 

6. 1.7  COLD  GAG  TIIRU3T0F  GEOMETRY 

i 

The  closely  integrated  valve- chamber  design  of  most  cold  gas  thrustors  causes 
them  to  be  dimensionally  quite  dependent  on  valve  characteristics.  These 
characteristics  are  quite  dependent  on  the  val^e  manufacturer's  approach.  The 
cold  gas  engine  thrust  chamber  and  nozzle,  immedi  ately  adjacent  to  the  valve 
pintle  can  be  sized  in  a  preliminary  basi6  using  the  following  procedure: 


VALVE. 


r 

de  - 
1 


l)  Assume,  from  6.1.  J,  the  ioliuving:  -  Lr  — 

Chamber  pressure  (Pq)  - _  "I 

1  VAlvE. 

^r-ost  (F)  - -^T*. - de  — C - 

Expansion  r*atio  (£  )  *  _ _ ^  I 

-  -  -  -J  -I— 

Specific  Impulse  (I  )  t* 

t)  Assume  tne  following  values  determined  with  the  procedures  described  in 
5.1.7: 

Propellant  flow  rate,  C \J 
Nozzle  throat  area,  A^ 

Chamber  volume,  V 

C 

3)  Assume  the  following  bused  on  common  practice  with  cold  gaB  thiuistors : 

Nozzle  divergence  half  angle,  ®  In*  (conical) 

Nozzle  convergence  angle,  =  3U* 

i  ^  \ 

4)  Determine  nozzle  exit  area,  At,  thrust  diameter,  d4,  and  exit  diameter,  dc: 

Ae  *  At€  (6.1-7) 

dt  '  EV'D  l'':  -  (6.1-6) 

de  “  _  4t  <6>1/2  (6.1-9) 
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5)  Calculate  chamber  length,  L^,  by: 

Vc+0.3y6dt3 


tC 


3-11*  a. 


6)  Determine  nozzle  length,  L^,  oy 


.  jt  He)  -  0 

Hi  "  0.530 

7)  De  terra  lne  thrustor  length,  L^,  by 


(6.1-10) 


(6.1-11) 


S  ■  Ltc  •  L„  '  (6-1-12) 

6.1.8  COLD  GaS  THRUGTOR  WUOHT 

Thrustor  weight  is  strongly  affected  by  valve  weight  which  In  turn,  depends 
on  the  valve  manufacturer  involved.  Cold  gas  thrustors  are  usually  basic 
units,  sized  for  a  range  of  thrust  levois  consistent  with  various  nozzles  and 
different,  propellant  supply  pressures.  Hence,  these  units  may  be  quite 
oversized  on  a  weight  oasis  at  lower  thrust  ratings.  That  is,  a  lighter  weight, 
r.cre  compact  assembly'  might  be  aoveLo;>eu  if  it  were  advisable  from  a  weight 
and/or  cost  standpoint.  However,  cold  gas  thrustors  are  usually  so  small  that 
they  contribute  little  to  total  sj-acecraft  weight.  The  total  weight  of  coid 
gas  thrust  chaniber,  nozzle,  and  v alve  assembly  may  be  estimated  from  the 
following  expression: 


W,  o  -  0.2  +  0.15  F 

■j  «  'J  • 


(6.1-i.'3) 


This  expression  is  reasonably  valid  within  a  thrust  range  of  b.op  to  yu.c 


lbs  providing  that  an  absolutely  minimum  weight  package  is  not  involves. 
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6.1.9  DKVELOPED  COLD  OAS  THR’JSTORS 

Cold  gas  thrustors  have  been  developed  for  uoe  over  a  thruat  range  of  0.002  to 
14.0  lbs.  Primarily  they  have  used  nitrogen  or  helivm  though  Freon,  Krypton, 
and  argon  have  also  seen  limited  use.  A  List  of  these  cold  gas  thrustors  is 
shown  in  Table  6.1-2  .  This  list  Implies  a  much  greater  number  of  thrustor 
designs  than  actually  exist.  Cold  gas  thrustors  are  quite  easily  applied 
throughout  a  wide  thrust  level  by  varying  inlet  pressure  and  nozzle  fittings. 
Thun,  a  few  basic  thrustor /valve  designs  can  easily  cover  u  broad  thrust 
range,  providing  structural  design  and  response  are  adequate.  Weight  penalties 
associated  with  n  large  chamber  pressure  range  ore  slight  in  the  cold  ga3 
thrustor  sizes  commonly  employed.  Respons/>  is  very  good  since  the  cold  gas 
valve  and  thrust  chamber  are  very  closely  coupled.  Thus,  Table  6.1-2  includes 
both  basic  thrustor  designs  and  particular  applications  of  these  thrusters, 
in  which  operating  characteristics  are  somewhat  different.  This  is  an  advan¬ 
tageous  feature  of  cold  gas  thrustors  in  that  developrent  expenses  can  be 
written  off  against  numerous  programs.  The  units  are  relatively  inexpensive 
on  a  recurring  cost  basis,  and  little  development  time  is  required  for  most 
pro*  rams. 
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6.?  HEATED  GAS  THRU3T  RS 

6.2.1  GENERAL 

The  disadvantages  of  cold  gas  thruati  rs  related  to  their  relatively  low  per¬ 
formance  can  be  relieved  by  heating  the  gas.  According  to  equation  5.1-25, 
specific  impulse  increases  proportionally  with  the  square  root  of  gas  tempera¬ 
ture  in  the  cliamber,  all  other  factors  being  equal.  The  currently  popular 
cold  gaa  systems  are  expected  to  be  replaced  in  time  with  higher  performance 
equipment  which  may  include  propellant  heating  provisions. 

This  section  describes  thrustors  which  are  supplied  with,  and  heat,  a  gas 
that  is  initially  at  ambient  temperature.  Thrusters  supplied  with  a  hot  gas 
(e.g.  from  a  main  combustion  chamber  or  gas  generator)  are  omitted  although 
portions  of  the  performance  data  are  applicable.  Propellant  gas  heating  i3 
accomplished  by  using  electrical  resistance  heaters  (resistojets )  or  nuclear 
radioisotope  decay  (radioisojets). 

6.2.2  PRINCIPLE  OF  OPERATION 

A  typical  heated  gas  tlirustor  consists  of  an  inlet  tube,  a  propellant  valve,  a 
heater,  a  heat  exchanger,  and  a  converging- diverging  nozzle.  The  configuration 
is  illustrated  schematically  on  Figure  6.2-1. 
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This  configuration  h an  Its  own  heater  and  heat  exclianger  unit,  though  several 
engines  can  be  designed  to  use  the  sane  heater  and  heat  exchanger. 

Heated  ga:  thrustor3  operate  similarly  to  cold  gas  thrustors  (6.1,2)  except  that 
the  gas  is  heated  prior  to  being  exhausted  through  the  nozzle.  Tne  heat 
exchanger  In  usually  configured  to  raise  gas  temperature  to  some  value  between 
1500°R  and  hOOh°R. 

A  heated  pas  propulsion  system  can  be  designed  identically  to  cold  gas  systems 
except  for  thruster  differences.  Thrustor  design  includes  n  high  temperature 
heater  and,  possibly,  thermal  insulation.  Propellant  storage,  regulation, 
distribution  and  control  systems  are  similar  to  cold  gas  systems.  Thus,  in  the 
event  of  heater  element  failure  the  system  can  be  used  as  a  cold  gas  system. 

Heated  gas  thrustors  are  designed  as  either  "thermal  storage”  ,>r  "fast-heat  up" 
devices.  Thermal  storage  thrustors  arc  primarily  suited  tv  pulse-raode  applica¬ 
tions,  whereas  the  fast- heat- up  thrustor  can  be  used  in  either  pul3e-roode  or 
steady-state  applications.  Power,  in  the  thermal  Gtorage  thrustor,  is  supplied 
continuously  by  a  heater  clement  (nuclear  or  electric)  and  propellant  flow  is 
pulsed.  The  applied  power  is  equal  to  the  thrustor  heat  losses  at  the  design 
operating  temperature.  The  heat  capacity  of  the  thermal  storage  unit  must  be 
large  enough  for  the  heater  clement  temperature  to  remain  essentially  constant 
during  Dhort  propellant  pulses.  In  the  fast-heat-up  thrustor,  both  propellant 
flow  and  power  are  pulsed.  In  contrast  to  the  thermal  storage  thrustor,  the 
heat  capacity  of  the  fast-heat-up  device  is  minimized.  As  a  result,  the  power 
input  is  equal  to  the  thrustor  heat  losses  plus  the  heat  required  to  increase 
the  temperature  of  the  propellant. 
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The  advantages  and  disadvantages  of  each  of  these  concepts  are  sunoarlzed 
in  Table  6.2-1 

TABLE  6.2-1 


COMPARISON  OF  HEATED  GAS  THRUSTOR  CONCEPTS 


Advantages 


Thermal  Storage 
(High  heat  capacity) 


Disadvantages 


No  thermal  cycling 
Minimum  response  time 
Constant  pover  innut 

Simple  pover  supply 

High  average  pover 
consumption 
High  thrustor  veight 
I sp  decreaa-  s  as  duty  cycle 
increases 


Fast  Heat  Up 
(Lov  heat  capacity) 


Low  average  pover  consumption 

Lov  thrustor  veight 

constant  Isp  for  all  duty  cycles 


Frequent  thermal  cycling 
Delay  between  command  signal 
and  impulse  bit 

More  complex  pover  supply 


Table  6.2-2  Bhovs  a  list  of  applications  of  resistojet  type  heated  gas 
thrustors . 

TABLE  6.2-2 


RESISTOJET  APPLICATIONS 


Application 


Vela  II 
Advanced  Vela 
ATS  -  1 
ATS  -  C 
LES  -  7 
DODGi.-M 

R&D 


Thru 8 t  (lb) 


0.042 

0.020 

500  x  10'6 

-6  -A 

100  x  10  ,  10  x  10 


3  x  10“°,  6  x  10 
200  x  10“6 
0.020 


-6 


Vendor 


TOW  Systems 
TRW  Systems 
AVCO 
AVOO 

AVCO 

G.E. 
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6. P.3  CONSTRUCTION  OF  HEATED  GAS  THRUSTORS 

A  simple  heated  gas  thru3tor  (F?  'ure  6.2-2) is  basically  a  cold  gas  engine 
with  a  heater  and  heat  exchanger  unit.  When  several  thrustora  use  a  single 
heater  unit,  each  thruator  has  its  own  valve. 

Propellant 
In 


Power  Leads  (Ref.  15) 

LOW  HEAT  CAPACITY,  FAST  HEAT-UP  HEATED  GAS  THRU3T0R 
FIGURE  6.2-2 

Propellant  valves  normally  utilize  cold-gas  technology,  such  as  elastomeric 
seals  and  valve  seats,  and  therefore  are  thermally  isolated  from  the  high- 
temperature  heat  exchanger.  Thermal  isolation  is  accomplished  by  placing  a 
propellant  supply  tube  naving  a  thermal  resistance  between  the  valve  and  the 
heat  exchanger.  When  thrust  is  required,  the  valve  is  opened  and  propellant 
flaws  through  the  heat  exchanger  and  the  nozzle.  The  heat  exchanger 
raises  the  propellant  gas  temperature  from  ambient  temperature  (typically 
about  500 #R)  to  a  temperature  in  the  range  of  1500°R  to  4000*R. 

The  heat  exchanger  can  be  as  simple  as  an  electrically  heated  tube  through 
which  propellant  gas  flows,  or  it  can  use  a  relatively  complex  multiple-pass 
configuration. 

Figure  6.2-?  shows  a  low  heat  capacity,  fast-heat-up  type  of  thruator.  The 
resistive  heating  element  i3  the  stainless  steel  propellant  feed  tube.  This 
configuration  is  simple,  small,  and  light,  but  it  has  relatively  lower  per¬ 
formance  because  the  heat  transfer  process  is  not  particularly  efficient  and 
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because  the  heat  losses  during  operation  are  fulce  high. 


Figure  6,2-3  is  a  low  heat  capacity,  steady-state  type  of  thrusfcor,  designed 
for  high  performance  (above  800  seconds  specific  Impulse)  with  hydrogen  gas 
propellant.  The  use  of  regenerative  cooling  reduces  the  heat  losses. 
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FICURE  6.2-3 


(Ref.  16) 


WATER-COOLED  TUBULER  HEAT  EXCHANGER  THRUSTOR 


Figure  6.2-4  shov3  a  high  heat  capacity  thrustor.  The  heater  elements  are 
mounted  on  a  central  core,  which  stores  thermal  energy  when  there  is  no 
propellant,  flow.  Wnen  propellant  i3  flowing,  the  central  core  is  cooled  as 
the  propellant  is  heated.  A  radioisotope  power  core  can  be  substituted  for 


the  resistance-heated  core,  if  desired. 
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(Ref.  17) 

FIGURE  6.2-4  HIGH  HEAT  V  hi  AC  TTY  HEA3T2)  GAS  THRUSTOR 

Insulation  is  used  on  thermal  storage  thrusters  to  reduce  power  requirements. 
It  is  not  usually  used  with  low  heat  capacity  (fast  heat-up)  thrustors 
because  (l)  small  thruator  heat  loss  is  low,  ( 2 )  low  thermal  capacity  is 
required,  and  (3)  larger  thrustors  (I.e.,  hydrogen)  can  be  regenera tively 
cooled. 

Power  requirements  are  slgr,if  icantly  influenced  by  the  Impulse  per  pulse,  and 
the  number  of  nozzles  per  heater/core  element.  The  maximum  impulse  per 
impulse  bit  and  the  duty  cycle  determine  the  required  energy  storage  capacity 
and  therefore  determine  the  weight  and  volume  of  the  core  structure  to  be 
insulated.  Each  nozzle  represents  a  "radiation  window"  in  the  insulation,  so 
power  required  i8  affected  by  the  number  of  nozzles.  In  addition,  each 
nozzle  requires  a  separate  propellant  feed  line,  so  that  the  conduction  com¬ 
ponent  of  the  heat  loss  is  dependent  on  the  number  of  thrust  nozzles  used. 
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6.2.4  PROPELLANTS  FOB  HEATED  0A8  THRUSTORS 

Propellant*  for  heated  gas  thrustor*  include  the  single  component  gases 
nitrogen  (Ng),  helium  (He),  hydrogen  (Hg),  and  aauonia  (KH^),  a*  veil  a* 
gas  mixture*  obtained  from  subliming  solid*  such  a*  ammonium  sulfide  (NHj^gS, 
ammonium  carbonate  NH^CO^NH^  and  amiaonium  hydrosulfide,  The  VELA 

satellites  used  heated  nitrogen  (Kg)  with  2$  argon  by  volume. 

Current  emphasis  is  on  the  use  of  ammonia  (NH^)  for  smaller  system*  because 
of  its  high  storage  density  (low  storage  volume)  in  liquid  foxu.  The 
advanced  technology  satellite  (ATS-l)  uses  ammonia  with  a  fast  heat-up 
thrustor.  Advanced  VELA  is  currently  planned  for  asunonia,  in  conjunction 
with  a  thermal  storage  type  thrustor. 

Pievious  emphasis  on  using  hydrogen  in  high  power  systems  (^1KW)  was  based 
on  the  expectation  that  its  potentially  high  specific  impulse  350  lb^sec  ) 
would  offset  the  tankage  penalties  associated  with  its  low  density.  This 
interest  has  recently  abated  in  the  absence  of  immediate  missions  and  practical 
power  supplies. 

Characteristics  of  propellants  seriously  considered  for  U6e  with  heated  gas 
thrusters  are  described  in  Table  6.1-1,  since  they  are  generally  the  same  as 
those  considered  for  cold  gas  systems. 

6.2.5  HEATED  GAS  THRUSTOR  PERFORMANCE 

Estimates  of  steaoy  state  performance  of  heated  gas  thrustors  can  be  made  for 
preliminary  design  studies  using  the  propellant  performance  data  and  procedures 
covered  in  6.1.5  for  cold  gas  thrustors.  Basically,  a  broad  range  of  per¬ 
formance  is  possible  if  enough  power  is  available  for  raising  gas  temperature. 
Performance  for  nitrogen  thrustors  can  thus  be  estimated  b>  using; 
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(6.2-1) 


where:  Tfi  ■  gas  temperature  in  thrust  chamber  (*R) 


The  performance  of  other  gases  can  be  estimated  by  modifying  this  expression 
to  accommodate  the  difference  in  molecular  weight,  providing  other  processes 
such  as  dissociation  are  not  involved.  For  other  gases,  equation  6.2-1 


becomes : 


where : 


sp  ^  5*8 

* 


mx  »  molecular  veignt 


Ki 


h. 


(6.2-2  ) 


The  principal  differences  from  cold-gas  thrustor  performance  estimation  con¬ 
cern  dissociation  effects  with  •eruvin  propellants  such  as  ammonia.  The 
effects  of  dissociation  on  performance  evaluation  are  two- fold: 

a.  Propellant  chemicul  composition  may  change. 

b.  Tiie  energy  required  to  increase  propellant  temperature  is  significantly 
affected  by  the  degree  of  propellant  dissociation. 

Figure  6.,' -5  shows  the  effect  of  temperature  and  pressure  on  ammonia  as  it 
i 8  progressively  dissociated  to  nitrogen  and  hydrogen.  The  effect  of  dissocia¬ 
tion  on  energy  can  also  be  inferred  from  this  figure.  It  is  thus  shown,  that 
after  dissociation  commences,  large  amounts  of  energy  are  absorbed  by  the 
dissociation  process  rather  than  by  Increases  in  gas  temperature.  For 
example,  Figure  lxiustrates  the  effect  of  dissociation  on  specific  impulse 

for  tvo  different  thrustor*  designs  having  different  surface- io-voluae  ratios 
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la  the  flow  puugtt.  The  larger  relative  surface  area  means  that  no  re  of 
the  aamonla  flow  Is  exposed  to  the  catalytic  action  of  the  propellant  flow 
tubes,  and  hence  more  complete  dissociation  is  obtained. 


In  the  low  heat  capacity  thrustors,  the  principal  efficiency  factors  used  to 
measure  performance  are  the  frozen  flow  efficiency,  7J  and  the  overall  engine 
efficiency,  7|  .  The  frozen  flow  efficiency  is  the  ratio  of  available  thermal 

power  to  the  total  power  put  into  the  propellant.  The  term  "frozen  flow"  is 
used  since  propellant  composition  Is  essentially  frozen  at  stagnation  conditions. 
This  occurs  at  low  thrust  levels  since  short  nozzles  produce  propellant 
residence  times  measured  in  microseconds  (Reference  15)*  Frozen  flow 


efficiency  is  evaluated  by: 


m  (H  - 
o 


(b-2-3) 


where:  *  stagnation  enthalpy  of  propellant 

Hy  -  enthalpy  of  dissociation  or  ionization 

-  kl526(XZi//rr(.  (Btu/lb) 

OC  *  degree  of  dissociation  (0-OC  — l) 

Ej  *  dissociation  potential  (volts)  of  the  propellant 
molecule 

This  definition  of  frozen  flow  efficiency  assumes  that  propellant  enthalpy 

at  the  nozzle  exit,  H  ,  is  much  less  thAn  the  stagnation  enthalpy,  B  ,  and  so 

c  o 

can  oe  neglected.  Since  dissociation  lowers  frozen  flow  efficiency,  thruetor 
operating  conditions  are  selected  to  minimize  dissociation  when  good 
performance  is  desired. 

Overall  engine  efficiency,  7|  ,  is  the  ratio  of  tne  Jet  power  to  input  power  or: 
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where: 


r* 

^  ■  frozen  flow  efficiency 
4^  •  heeter  efficiency 

•  nozzle  efficiency  «  c 


(6.2-4) 


Hester  efficiency  ie  difficult  to  define  analytically  since  it  depends  on  the 
efficiency  of  insulation  (if  any),  the  method  of  cooling  the  thrustor  (radiation 
or  regenerative)  and  the  efficiency  of  the  heat  transfer  process  between  propell¬ 
ant  and  heater.  Nozzle  efficiency,;^,  is  simply  the  nozzle  velocity  co¬ 
efficient,  c^,,  defined  in  5*2-1. 


Overall  engine  efficiency  is  calculated  from  the  basic  definition. 


m  Jet  Bower 

e  “  Input  Power 


(6.2-5) 


Jet  power  can  be  calculated  from  measurements  of  thrust  and  Isp  by 


P  «  .0218  Isp  P 
J 


(6.2-6) 


Input  power  is  electrical  power  plus  effective  power  of  the  incoming  propellant 


stream. 


P4  -  P  ,  .  .  .  ♦  m  H, 

i  electrical  1 


(6.2-7) 


The  slope  of  the  curve  on  Figure  6.2-7  is  an  indication  of  the  engine  efficiency 
(the  lower  the  slope,  the  higher  the  efficiency) .  The  curve  also  shows  that 
more  power  per  unit  of  thrust  is  required  when  the  specific  Impulse  is 
increased. 

Rawer  required  as  a  function  of  operating  temperature  is  shown  on  Figure  6.2-8 
for  a  thermal  storage  type  of  electrical  thrustor. 
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for  high  heat  capacity  thruatora,  the  preceding  efficiency  factors,  7^ 

TJ p,  do  not  adequately  characterize  the  thru* tor  performance,  lor 
example,  maximizing  the  frozen  flow  efficiency  mean*  minimizing  the  degree 
of  propellant  dissociation*  This  occurs  since  additional  electriciLl  energy 
is  required  for  propellant  dissociation  which  la  not  then  available  during  the 
expansion  process.  However,  for  high  heat  capacity  thruatora,  propellant 
dissociation  doe6  not  require  an  increase  in  electrical  power,  so  that  the 
lower  molecular  weight  of  the  dissociation  propellant  results  in  a  performance 
increase  with  no  increase  in  power  requirements.  As  a  result,  a  design  goal 
for  high  heat  capacity  thrustors  involves  maximizing  propellant  dissociation 
at  operating  temperature  and  pressure. 

6.2.6  DBSXGH  OF  HEATED  GAS  THRUSTORS 

Heated  gas  thrustors  are  basically  cold  gas  thrustors  vnich  utilize  gases  at 
temperatures  significantly  above  ambient  conditions.  The  heater  unit  may  be 
contained  within  the  thrustor,  or  remotely  located.  Consequently,  the  chamber 
design  is  similar  to  that  required  for  cold  gas  thrustors  except  as  it  relates 
to  heater,  heat  exchanger,  and  electrical  previsions.  Consequently,  the 
following  preliminary  design  procedure,  similar  to  that  suggested  for  cold 
gas  thrustors,  Is  presented: 

1)  Assume  engine  thrust  level,  F 

2)  Calculate  propellant  specific  impulse,  I  ,  from: 

fT  6 

c  Z. 

Isp  »  17- £-2-  (6.2-2) 

!  x 

W  m, 

where:  l»x  =  molecular  weight 
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3)  Determine  propellant  flow  rate  by: 

v  -  F/lsp  (5-1-23) 

4)  Determine  Cp  from  Figures  5.1-3*  5*2-5,  or  equations  5.1-19  through 
5-1-22. 

5)  Assume  chamber  pressure.  Current  practice  involves  chamber  pressures 
between  1  to  30  psia,  and  usually  between  7  to  20  psia.  The  real  limiting 
condition  is  again  that  of  manufacturing  very  small  nozzle  throats  to 
close  tolerances. 

6)  Calculate  nozzle  throat  area  by: 


Pc  CF 


\ 


(6.1-5) 


7)  Determine  free  chamber  volume,  Vc,  by: 

Vc  -  L*  (At)  (6.1-6) 

where:  L*  -  characteristic  length  is  equal  to  a  typical  value 

somewhat  greater  than  10. 

6.2.7  GEOMETRY 

Figures  6.2-2  through  6.2-4  demonstrate  that  the  physical  size  of  heated  gas 
thrustor  units  considerably  exceeds  that  of  the  basic  chamber  nozzle  and  valve. 
This  additional  space  is  occupied  by  the  heater  and  heat  exchanger  unit  which 
comprise  most  of  the  thrustor.  Since  few  actual  thrustor  designs  exist, 
insufficient  dimensional  information  is  currently  available  to  develop 
general  expressions  for  use  in  preliminary  design. 
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6.2.6  HEATED  GAS  THBOSTOI  WEIGH 

Heated  pa  thrustors  art  belag  considered  la  spacecraft  pwllslmy  design 
exercises  with  Increasing  frequency.  However,  thru* tor  information  suitable 
fbr  preliminary  design  exercises  has  yet  to  be  node  available.  Hence,  this 
Information  aust  be  Inferred  from  the  few  designs  extent.  .  The  weight  of 
heated  gas  thrustors  Is  strongly  affected  by  thermal  parameters,  in  addition 
to  the  usual  engine  design  parameters  of  dumber  pressure,  specific  impulse, 
thrust,  and  nozzle  expansion  ratio.  Engine  weight  ie  particularly  sus¬ 
ceptible  to  duty  cycle.  The  following  expression  is  included  for  use  in 
estimating  the  weight  of  heated  gae  thrustors.  It  has  fair  correlation 
to  the  few  designs  currently  known.  However,  it  is  based  on  considerably 
fewer  designs  than  was  used  to  develop  similar  expressions  for  monopropellant 
and  blpropellamt  engines.  Nevertheless,  it  does  appear  to  offer  a  reasonable 
solution  to  preliminary  weight  estimates  for  heated  pa  thrustors.  Since 
these  devices  operate  at  very  low  thrust  levels,  and  are  thus  quite  small, 
the  tolerances  Involved  are  probably  not  significant  on  a  spacecraft  weight 
basis.  This  expression  Is: 


v  sDv3  *[>•»•  w1"] 


(6.2-6) 


where: 


P  •  Engine  total  input  power  (watte) 

Kg  -  A  constant  equal  to  0.50  for  all  thermal  stomp 

engines,  and  for  fast- bent- up  engines  above  0.0025 
lbe  thrust.  Past- heat -up  engines  below  this  value 
will  have  a  K  value  defined  by: 

•  °»05 
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6.3.9  DEVELOPED  HEATED  GAS  THRUST0R3 

Heated  gae  thruotors  have  been  developed  from  10“^  to  0.4  lb  thrust  using 
nitrogen  or  hydrogen  propellantE  heated  electrically  or  by  isotope  radiation. 
Flight  applications  have  so  far  been  limited  to  an  upper  thrust  level  of 
approximately  0.04  pounds.  Table  6.2-3  list,3  known  details  of  these  engines. 
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6.3  NOHOFROFKLIAlfr  THRU3T0RS 
6.3.I  QEMERAL 

Liquid  monopropellant  rocket  engines  produce  thruat  by  catalytic  ally  decom¬ 
posing  certain  chemically  active  propellants  called  oonoprope Hants  in  a 
reactor  and  directing  the  exhaust  through  a  plenum-nozzle  arrangement.  Mono¬ 
propellant  engines  ore  used  in  Syncom,  Scout,  ATS,  Apollo,  Centaur,  Titan  III, 
Burner  II  and  many  other  programs. 

Early  monopropellant  engines  used  either  ethylene  oxide  or  low  percentage 
(60  -  QO%)  hydrogen  peroxide  as  propellants.  Since  then,  90%  hydrogen 
peroxide  has  come  into  common  use,  because  it  has  higher  performance  and  greater 
density.  Future  generations  of  monopropellant  engines  will  probably  employ 
either  98ft  hydrogen  peroxide  )  or  anhydrous  hydrazine  .  The  9Q% 

hydrogen  peroxide  thrustors  are  being  developed  as  growth  versions  of  hardware 
currently  used  with  90%  peroxide.  Overall  gains  from  these  modifications 
can  be  as  much  as  10%  in  performance  and  l^t  in  propellant  density  which  is 
enough  to  Justify  the  necessary  development.  Hydrazine  (R^H^)  monopropellant 
engines  are  currently  becoming  more  popular.  In  tbeir  first  real  space 
applications.  Ranger  and  Mariner,  the  hydrazine  engines  required  an 
"oxidizer  slug"  to  initiate  the  decomposition  process.  Subsequently, 
"spontaneous"  catalysts  have  been  developed  which  sure  able  to  Initiate 
decomposition  at  ambient  conditions,  and  sustain  it.  Predominant  among 
these  Is  the  Shell  h0$  (Shell  Development  Company)  spontaneous  catalyst 
which  has  provided  the  impetus  for  further  use  of  hydrazine  systems. 

Hydrazine  engines  have  a  performance  advantage  over  peroxide  engine,  with 
typical  steady  state  I  values  of  235  seconds  fov  hydrazine  ma  opposed  to 
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150  second*  Hoar  90*  pmxide  a  d  possibly  100  seconds  for  9®*  poroxideo 
However,  poroad.dc  Is  about  Ao*  more  donoe  thin  hydrazine  ao  volume  require¬ 
ments  of  90 %  peroxide  systems  and  hydros  lac  systems  are  essentially 
•Tessparabla*  The  98*  peroxide  systems  hare  about  a  IX#  volume  advantage 
over  hydrazine  systems. 

Peroxide  system  are  used  where  coot  and  availability  is  important  and 
where  sore  performance  la  vented  than  can  be  obtained  with  cold  gas  systems* 
Peroxide  systems  are  somewhat  storage  limited,  however,  In  that  peroxide 
Is  so  active  that  storage  for  long  periods  should  be  either  In  higi  pressure 
containers  or  In  vessels  constructed  of  materials  which  are  particularly 
nonreactive  with  peroxide.  Either  option  raises  flight  system  weight, 
tending  to  offset  the  performance  advantage  over  cold  gea  and  the  coat 
advantage  over  hydrazine*  Fewer  compatibility  problems  exist  with  90* 
peroxide*  However,  It  decomposes  at  higher  temperatures  than  does  90* 
peroxide,  exceeding  the  structural  limits  at  the  standard  catalyst.  Hence, 
a  hlgjh  temperature  spontaneous  catalyst  must  be  developed  for  use  in  90* 
peroxide  engines. 

Both  spontaneous  and  nonspontaneous  catalysts  are  in  use  with  hydrazine 
engines,  ao  hydrazine  engines  are  available  for  either  pulse  mode  or  steady- 
stage  operation.  Hydrazine  has  s\q>erlor  space  storage  characteristics, 
mnft  is  thus  generally  considered  for  missions  requiring  high  performance, 
several  operating  cycles  and  extended  space  storage  capability* 

Growth  versions  of  hydrazine  systems  are  baaed  primarily  on  mixing 
hydrazine  (I2  H^.)  with  water  to  depress  its  freezing  point  and  with 


SHEET  79 


L  S  4002  1  414 


COMPAN  V 


NUMBER  IC-1141I6-2 

REV  I  fR 


hydrazine  alt  rat «  (M,,  MO.)  to  increase  performance.  The  latter  mixture 
substantially  Increases  decomposition  temperature  to  the  extent  that  it 
exceeds  the  structural  capability  of  405  spontaneous  catalyst.  Current 
research  is  directed  toward  developing  a  spontaneous  catalyst -binder  com¬ 
bination  suitable  for  use  with  hydrazine-hydrazine  nitrate  mixtures. 

Materials  compatibility  is  also  being  researched  for  this  propellant  though 
it  is  not  emphasized  to  the  extent  that  the  catalyst  research  is. 

Proposals  are  occasionally  aade  to  use  other  mo  no  propellants  having  signi¬ 
ficantly  greater  performance  and  better  density  characteristics.  Generally, 
these  mo  nopropellants  have  considerable  development  work  remaining.  It  is 
doubtful  at  this  time  whether  the  advanced  monopropellants  will  be  used  to 
any  extent  before  they  are  replaced  by  high  energy  bipropellants,  resistojets 
and  electrical  thruators.  hence,  it  may  be  that  the  very  high  energy  mono- 
propellant  systems  will  attain  only  limited  use. 

6.3.2  OPS  RATING  PRINCIPLE  -  MOMOPROPELUUfT  ENGINES 

Monopropellant  engines  resemble  other  rocket  engines  except  as  their  operation 
relates  to  the  propellant  decomposition  process.  Figure  6.3-1  is  a  schematic 
of  a  typical  pressure  regulated  monopropellant  propulsion  system.  In  this 
system  the  propellant  is  supplied  at  constant  pressure  to  the  inlet  of  the 
engine  valve.  Figure  6.3-2  shows  a  typical  monopropellant  thrustor,  consisting 
of  a  valve  asseaftly.  Injector,  plenum  chamber,  catalyst  bed  and  nozzle 
assembly.  The  engine  valve  controls  mono  propellant  flow  to  the  injector 
and  into  the  catalyst  bed  where  it  undergoes  a  decomposition  reaction.  The 
products  of  decomposition,  dissociation  and  possibly  any  additional  recombination 
which  take  place  in  the  plenum  chamber  then  exit  through  the  nozzle,  producing 


thrust . 


SHEET  80 


i.  3  4*0?  U11  art  ,  |.m 


NUMBER  Dg-llfcll8-2 
REV  LTR 


i 


PROPELLAET 


FILTER 

REGULATOR 

VALVE,  FLIGHT,  SOLEROID 
VALVE,  SERVICE,  MAIUAL 


TRANSDUCER,  PRESSURE 


FIGURE  6.3-1  TYPICAL  MDMOPROPELLAET  PROPULSIOH  SYSTEM 
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6. 3.2.1  HYDROGEN  PBttXIDE  ENGINE  OPERATION 

In  monopropellant  rocket  engines,  hydrogen  peroxide  Is  decomposed  by  passing 
it  through  a  bed  of  stacked,  silver  alloy  or  silver-plated  nickel  screens  in 
the  thrust  chamber.  The  decomposition  process  yields  superheated  water  vapor  an 
oxygenCo^  gas.  Decomposition  gas  temperature  varies  as  a  function  of  peroxide 
inlet  temperature  and  thrust  chamber  pressure  as  shown  in  Figure  6.3-3* 

6. 3.2.2  HYDRAZINE  ENGINE  OPERATION 

Hydrazine,  and  hydrazine  mixtures  with  water  or  hydrazinlun  nitrate,  are  decom¬ 
posed  by  passing  theta  through  a  bed  of  granules  or  small  cylinders  of  a 
catalytic  agent.  Commonly  the  catalyst  bed  is  located  In  the  thrust  chamber. 
Designs  have  been  proposed  in  which  the  hydrazine  is  decomposed  In  a  remotely 
located  gas  generator,  the  exhaust  stored  in  a  plenum  chamber  and  thence 
directed  to  the  thrusto as  in  Figure  6.3-^.  The  hydrazine  decomposition 
process  follows  these  consecutive  reactions: 

3K2«iv  'ttt  4  ^3  ♦  n2  *  ^  300  Btu 

k  r,H3  cat  2  N2  *  6H2  “  79,200  Btu 

(where  •  and  are  expressed  in  lb-sol.) 

Initially,  hydrazine  decomposition  is  exothermic,  producing  anmonia,  nitrogen 
and  heat.  Aaraonia  dissociation,  an  endothermic  process,  follows,  producing 
hydrogen  and  additional  nitrogen  and  absorbing  heat.  Assuming  that  the  initial 
reaction  proceeds  to  completion,  these  reactions  can  be  combined  into  a  single 
equation  related  to  the  fraction  of  ammonia  dissociation,  X,  as  follows: 

31^  U  (1-X)  N1I3  ♦  6XHg  ♦  (2X  +  1)  N2  *  lV»,  300-X(79, 200)i  Btu 

(6»3-l) 
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FIGURE  6.3-3  HYDROGEN  PEROXIDE  DECOMPOSITION  TEMPERATURE 
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FIGURE  6.3-4  HYDRAZINE  PLENUM  SYSTEM 
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X  aspect  ion  of  this  relationship  show*  that  heat  release,  hence  adiabatic 
temperature,  is  highest  with  no  dissociation  and  decreases  with  increasing 
dissociation.  This  situation  is  shown  in  figure  6.3-3*  The  molecular  weight 
of  exhaust  gases  and  the  chamber  temperature  also  are  shown  to  decrease  with 
increasing  saaonia  dissociation. 

The  designer  can  control  decomposition  and  dissociation  to  a  certain  extent 
by  influencing  flow  variables  and  engine  geometry.  These  factors  are  also 
affected  by  the  type  of  catalyst  and  how  it  is  used.  The  "spontaneous"  nature 
of  the  Shell  405  catalyst  (i.e.,  it  needs  no  other  means  of  ignition)  makes 
it  a  leading  candidate  in  hydrazine  applications  either  by  itself  or  in 
combination  with  other  catalysts.  Propellant  decomposition  Is  controlled 
by  the  exposure  it  has  to  the  catalyst.  Thus,  important  catalyst  design 
parameters  sure  area,  catalyst  bed  length  and  ratio  of  propellant  flow  rate 
to  catalyst  bed  cross-6ectional  area.  Aoasonia  dissociation  is  also  influenced 
by  these  factors,  especially  with  the  Shell  405  catalyst.  A  specific  catalyst 
bed  length  is  required  for  100%  hydrazine  decomposition  under  given  conditions. 
However,  asmonia  dissociation  will  also  coonence  in  the  catalyst  bed  to  the 
extent  that  there  can  be  or  more  dissociation  by  tbe  time  that  100% 
hydrazine  decomposition  has  occurred.  This  means  that  reaction  temperatures 
of  2200°P  or  less  can  be  expected  which  Is  convenient  in  that  It  permits 
relatively  simple  radiation  cooled  engine  designs  with  currently  available 
materials . 
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0  3.3  MOWOrtOPILLAWT  THWTO*  CONSTRUCTION 

Hw  dttlgn  fMturcs  of  hydrogen  peroxide  or  hydrazine  mcnppropellant 

tkmtora  tr«  quite  a  taller.  Downstream  f  roe  the  propellent  flow  control  reive 
Is  en  inlet  end  manifold  for  distributing  propellent  to  the  injector.  Adjacent 
to  the  injector  is  e  "cstelyst  bed"  comprised  of  materials  which  sustain  prop¬ 
ellant  decomposition  by  catalysis.  It  is  desirable  that  the  catalyst  also 
initiate  the  catalytic  process  through  other  devices  are  sonet iaes  necessary  tor 
ignition.  These  methods  either  raise  catalyst  bed  temperature  to  a  level  which 
will  prosit©  decomposition  or  a  brief  hypergollc  reaction  is  initiated.  This  is 
done  with  electric  or  isotope  heaters  or  by  introducing  saall  amounts  of 
oxidizer  to  react  hypergolically  with  the  propellant.  The  catalyst  bed  is 
retained  by  structural  baffles  through  which  exhaust  passes  into  the  convergent- 
divergent  nozzle  section. 

The  specific  design  features  of  hydrogen  peroxide  and  hydrazine  monop rope  1  lan t 
thrustors  are  sufficiently  different  to  be  discussed  individually. 

6  3.3.1  HYDMXUBT  PKROXIDE  THRUSTOR  CONSTRUCTION 

A  monopropellant  hydrogen  peroxide  thrustor  consists  of  an  injector,  thrust 
chamber,  catalyst  bed  with  catalyst,  nozzle  and,  commonly,  the  propellant  valve. 
The  thrust  chamber  with  catalyst  are  frequently  referred  to  as  the  reactor. 

The  catalyst  bed  consists  of  a  metal  catalyst  in  screen  fora,  stacked  in  such  a 
manner  as  to  promote  even  flow  distribution  across  the  catalyst  area. 

A  typical  hydrogen  peroxide  thrustor  is  shown  in  Figure  6.3-6.  This  thrustor 
uses  a  "staged"  catalyst  bed  design  in  which  different  materials,  construction 
or  flow  direction  are  Involved  in  different  phases  of  the  decomposition  process. 
Initially,  propellant  is  admitted  tb  the  chamber  by  the  propellant  flow  control 
valve,  often  referred  to  as  the  "engine  valve.  "  Propellant  is  distributed 
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radially  from  a  central  injector  into  a  gold  catalyst  screen  to  preheat  the 
angina  and  propellant.  The  gaa  flow  la  then  directed  through  the  Min  cat  a  lye  t 
bed  coepoeed  primarily  of  silver  catalyat  ecreena.  Pinal  catalyet  acreena  are 
made  of  dpnel.  Anti-channel  bafflea  are  used  to  prevent  bypassing  the  catalyst 
bed  at  atart-up.  Retainer  acreena  are  installed  in  such  a  way  as  to  prevent 
local  "hot  spots"  which  can  damage  the  catalyat  bed  These  acreena  are  held  in 
place  by  a  baffled  support  plate 

Structural  materials  for  the  c hasher  walls,  "head"  and  "tail"  ends,  support  plate, 
and  nozzle  sections  are  generally  of  321  or  347  stainless  steel  used 
welded  construction.  The  304L  or  316L  stainless  steels  can  also  be  used.  The 
hesvler  thrustors  use  347  stainless  steel  due  to  its  superior  strength  at 
elevated  temperatures. 

6. 3. 3. 2  HYDRAZINE  THRUSTOB  CONSTRUCTION 

A  monopropellant  hydrazine  thrustor  consists  of  sn  injector,  thrust  chamber, 
catalyst  bed  with  catalyst,  sod  nozzle.  The  thrust  chamber  and  catalyst  bed  are 
called  the  reactor.  The  catalyst  bed  consists  of  a  catalyst  in  granular  form 
Uhieh  la  held  in  place  by  various  screens  and  suppo-ts. 

A  typical  hydrazine  thrustor  is  shown  in  Figure  6.3.7.  This  thrustor  uses  a 
"staged”  ("layered")  catalyst  bed  design  in  which  different  types  and  sizes  of 
catalytic  material  are  arranged  in  the  bed  in  layers  to  support  a  particular 
phase  of  the  decomposition  process.  Propellant  is  admitted  to  the  chamber  by 
the  engine  valve  to  and  through  the  injector  into  the  catalyst  bed.  Injector 
designs  for  hydrazine  engines  vary  by  manufacturer  such  that  baffled  plate  or 
•howerhead-type  injectors  (Figure  6.3-7)  are  used  by  some  while  others  use 
perforated  probe  or  coil  units  which  penetrate  into  the  catalyst  bed. 
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This  thru* tor  Assign  is  based  on  tbs  use  of  •  "spontaneous"  catalyst,  such  es 
Shell  405,  vhloh  spontaneously  initiates  the  deconposition  process  on  contact, 
under  ambient  temperature  conditions.  Older  catalysts,  such  as  the  H-7  used  in 
Ranger  and  Mariner  hydrazine  engines  used  saall  quantities  ("slugs")  of  nitrogen 
Uttcxli.  (*£04)  me  tine  »W«*oIlo«Ujr  for  .tort-up.  Other  de.lgn.  .t  tint 
time  involved  electrical  or  isotopic  heaters  in  the  catalyst  bed  to  raise  bed 
temperature  to  a  level  at  which  it  would  initiate  the  decomposition  process. 

The  advent  of  spontaneous  catalysts,  especially  the  Shell  405  catalyst,  has 
largely  replaced  these  approaches. 

The  actual  composition  of  the  Shell  405  catalyst  remains  a  classified  item. 

Basically,  it  consists  of  a  high  surface  area  ceramic  binder  impregnated  with 
metals  which  are  catalytically  very  active.  This  arrangement  is  satisfactory 
for  chamber  temperatures  of  up  to  l800*F,  but  the  binder  becomes  structurally 
insufficient  much  beyond  this  point.  Research  has  been,  and  is  being,  con¬ 
ducted  to  develop  higher  temperature  binders  for  use  with  the  higher  performance 
hydrazine  (HgH^J/hydrazinium  nitrate  (N2H5IIO3)  mixtures  which  decompose  at 
higher  temperatures . 

The  Shell  405  catalyst  originally  cost  about  $1500  per  pound,  and  the  price  has 
not  changed  significantly.  It  is  available  on  a  standard  basis  in  1/8  by  1/8 
Inch  or  1/8  by  l/l6  inch  cylindrical  pellets.  It  is  also  mnrke^e"  j.n  fines 
crushed  from  basic  pellets  in  10-30  mm  granules  and  microsphere  a  from  0-5  to 
several  millimeters  in  diameter.  However,  the  1/8  inch  cylindrical  pellet  is 
still  the  standard  fan.  The  1/6  by  i/8  inch  pellet  la  the  maximum  pellet  size 
currently  available. 

The  catalyst  is  arranged  by  layers  in  the  reactor  such  that  the  finest,  highest 
surface  area  particles  are  adjacent  to  the  injector  to  promote  smooth  ignition 
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and  operation.  These  particles  any  be  lightly  fused  in  the  first  engine  firing 
vhlch  promotes  catalyst  bed  strength  and  lengthens  catalyst  life  since  very 
snail  particles  can  be  easily  dislodged  from  the  engine.  Sometimes  the  Shall  405 
catalyst  is  used  adjacent  to  the  injector  and  backed  up  by  the  conventional 
H-7  catalyst  to  save  cost  and  extend  life.  In  this  case,  the  Shell  catalyBt 
is  used  for  the  spontaneous  ignition  feature  and  the  H-7  catalyst  is  used  for 
extended  life  requirements. 

Chamber  construction  is  usually  of  thin-well  Haynes  25  alloy  for  the  chamber 
vails,  front  and  aft  closures,  and  nozzle  assembly.  Sometimes,  in  small  engines, 
these  parts  are  made  of  3^7  or  similar  stainless  steels.  Interior  chamber 
vails  are  coated  vlth  Roklde  or  similar  substances.  Catalyst  screens  end  support 
plates  are  made  from  310  or  similar  stainless  steels.  Injectors  are  usually 
tubes  or  plates  of  aluminum  alloys  carefully  selected  and  designed  to  survive 
the  thermal  conditions  accompanying  and  following  operation. 

Engine  design  generally  permits  welding  the  aft  closure-nozzle  section  to  the 
chamber  vail  and  Inserting  the  catalyst  support  plate,  catalyst,  and  upper 
screen.  The  forward  closure,  injector  plates  and/or  tubes  are  Installed  in 
place,  and  this  assembly  mated  with  the  upper  chamber  vail  and  voided  at  this 
point.  A  design  preference  has  involved  placing  the  engine  mounting  lugs  at  the 
forward  closure  veld  for  a  thermal  relief  path  after  engine  operation.  However, 
the  mounting  ring  has  also  been  located  upstream  of  the  injector  head  In  the 
vicinity  of  the  engine  valve.  Location  of  the  engine  valve  and  inlet  manifold 
is  s cme times  extended  farther  upstream  of  the  catalyst  face  for  thermal  standoff. 
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■uearous  compounds,  or  mixture*  of  compound*,  her*  b**n  suggests*  for  use  n* 
aonopropellaats.  However,  Mngr  her*  been  discarded  la  view  of  the  stability 
and  handling  requirements  of  the  operational  situation.  The  most  frequently 
mentioned  nonopropellants  include  hydrogen  peroxide,  hydrazine,  hydrazine- 
hydrazinlun  nitrate,  ethylene  oxide,  nltromethane  and  tetranitromethane.  Of 
these,  hydrogen  peroxide  and  hydrazine  are  the  only  so  nop  repellents  to 
receive  extensive  use.  The  characteristics  of  these  monopropellants,  and 
their  variations,  vlU  be  separately  discussed  in  the  following  sections. 

6. 3. 4.1  mnmocaw  peroxide  (Hg02) 

hydrogen  peroxide  has  been  used  to  drive  turbines  in  both  rocket  engines 
and  ARJ's  and  as  a  mooopropellant  in  attitude  and  velocity  control  eyetems.  Its 
performance  is  directly  related  to  the  percent  of  peroxide  In  the  peroxide-water 
solution.  Currently,  90%  peroxide  is  used  most  frequently  though  increasing 
emphasis  is  being  placed  on  96%*  Characteristics  of  both  varieties  are  shown 
in  Table  6. 3-1.  Peroxide  solutions  are  insensitive  to  the  Initiation  and  propa¬ 
gation  of  detonations.  Although  the  decomposition  products  are  oxidizing,  the 
flame  temperature  is  low  enough  to  preclude  significant  materials  problems. 
Decomposition  is  usually  Initiated  by  a  suitable  catalyst  such  as  permanganate 
salts,  or  activated  silver  screens.  Storage  and  handling  of  peroxide  is  com¬ 
plicated  by  the  fact  that  it  reacts  to  some  extent  vith  almost  every  substance . 
Peroxide  systems  must  be  kept  quite  clean  to  prevent  accidental  catalysis. 

Thus  it  is  necessary  to  clean  and  chemically  treat  materials  that  will  be  exposed 
to  the  liquid.  Even  so,  there  will  be  a  slight  concentration  loss  (0. 5-1.0%  per 
year)  during  long  storage  periods.  Absolute  risooslty,  density  and  vapor 
pressure  of  90%  hydrogen  peroxide  are  shown  in  Figure  6. 3-8  as  s  function  of 
temperature.  Density  is  shown  In  Figure  6.3-9  as  a  function  of  peroxide 
concentration. 
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TABLE  6*3-1 

PROPERTIES  OF  HYDROOES  PEROXIDE 

CDHCBITRA730E  BY  WEIGHT 

90*  96*  100* 

Average  Molecular  Weight 

31.241 

33*^22 

Rorrnl  Bolling  Point 

•r 

746.2 

759.2 

Normal  Freezing  Point 

•r 

471-3 

467.5 

Density  (#  53?*R) 

g/cc 

1.383 

1.431 

Vapor  Pressure  (g*  537*R) 

PSI 

.0735 

.0426 

Critical  Pressure 

PSI 

3144.98 

Critical  Temperature 

•r 

1318 

Dielectric  Constant 

77 

77 

Electrical  Conductivity  (£  537*R) 

V,  -1  -1 

ohm  cm 

l^do*6) 

0.8(10*6) 

Pire  Point 

Flash  Point 

Heat  Capacity,  Liquid  (492-533*R) 

Btu/lb *F 

58.0 

Heat  of  Decomposition  (#  537*R) 

Btu/lb  SOLID  1108 

1215 

Heat  of  Formation,  Liquid  (@  537*R)Btu/lb 

2369 

Heat  of  Fusion 

Btu/lb  SOLID 

158.1 

Heat  of  Dilution  to  Infinite 
(€  537*R) 

-31.2 

-41.0 

Heat  of  Vaporization,  Total,  SOLID  Btu/lb 

700.3 

662.0 

Viscosity  («537*R) 

Centlpoise 

1.153 

1.155 

(Bafs.  22  and  24) 
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6. 3. 4. 2  HTUUUDI1  (H^) 

Vydraslne  hu  been  used  as  a  turbine-dr ivs  ga a,  as  wall  as  a  moo opr ope  1  lant  In 
attitude  and  velocity  control  systems.  It  is  a  clear,  colorless,  hygroscopic, 
tootle,  flaanable,  caustic  liquid  and  a  strong  reducing  agent.  "Heat''  or 
anhydrous  hydrazine  used  in  rocket  engines  is  controlled  by  MIL  Spec  MIL-P- 
26 53 SB.  Physical  properties  of  hydrazine  are  listed  in  Table  0.3-2.  Density, 
specific  heat,  vapor  pressure  and  viscosity  of  hydrazine  are  shown  in  Figure 
6.3-10  as  a  function  of  temperature. 

Hydrazine  is  compatible  with  most  stainless  steels,  aluminum,  tantalum,  titanium, 
Baynes  25  alloy,  teflon,  polyethylene,  glass,  butyl  rubber,  and  ethylene 
propylene. 

Considerable  research  effort  has  been  expended  on  reducing  the  relatively  high 
freezing  point  of  hydrazine  (35.6°F)  by  adding  water,  ammonia,  or  hydrazine 
nitrate.  Simple  binary  or  tertiary  solutions  of  these  compounds  form  low 
freezing  point  eutectics.  These  mixes  also  change  other  characteristics  of  the 
propellants.  Including  density  and  performance.  Figure  6.3-11  ahows  how  hydrazine 
freezing  point  changes  with  water  addition.  The  density  variation  of  solutions 
of  hydrazine,  hydrazine  nitrate,  and  water  are  shown  in  Figure  6.3-12  as  a 
function  of  temperature.  The  physical  properties  of  hydrazine- ammonia  solutions 
are  shown  in  Figure  6.3-13  ss  a  function  of  amaonla  content. 
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TABLE  6 . 3-2 

PROPERTIES  OF  HYDRAZINE 


Molecular  Formula 

%H4 

Molecular  Weight 

32.05 

Normal  Bolling  Point 

696 . 3°Fi 

Normal  Freezing  Point 

495*6®R 

Density  528* R) 

1.0083  g/cc 

Vapor  Pressure  (€  537*R) 

0.28  psla 

Cri tlcal  Pressure 

213 2  psla 

Critical  Temperature 

1176°R 

Dielectric  Constant  537*R) 

51.7 

Electrical  Conductivity  (g  537*R) 

2.3-2.8(10*^)  ohm" 

Fire  Point  (Tag  Open  Cup) 

585. 6*R 

Flash  Point  (Tag  Open  Cup) 

585.6^ 

Heat  Capacity  (liquid)  (@  537#R) 

0.737  Btu/lb°R 

Heat  of  Combustion  (to  Np  +  2^0  liq)(€'  537*R) 

-8,359  Btu/lb 

’Heat  of  Formation,  Liquid  (6>  537*R) 

676  Btu/lb 

Heat  of  Fusion  (®  495. 6*R) 

170  Btu/lb 

Heat  of  Solution,  Liquid  (<?  537#R) 

-219.6  Btu/lb 

Heat  of  Vaporization  (€  696. 3#R) 

540  Btu/lb 

Viscosity  (r  537*R) 

0.00  centipoises 

(Ref*.  24  and  26) 
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6.3.5  MDHOITOPELLAIfr  PERFORMANCE 

The  performance  of  hydrogen  peroxide  and.  of  hydrazine  are  compared  in  a  general 
fashion  in  Figure  6.  as  a  function  of  duty  cycle  and  pulse  width.  The 
superior  performance  of  hydrazine  is  apparent,  especially  as  operation  approaches 
steady  state  conditions.  More  detailed  performance  information  for  these 
propellants  is  provided  in  the  following  sections. 

6. 3. 5.1  PERFORMANCE  -  HYDROGEN  PEROXIDE 

Hydrogen  peroxide  decomposes  exothermally  to  superheated  oxygen  gas  and  water 
vapor.  Figure  6.3-3  shows  the  decomposition  gas  temperature  of  hydrogen 
peroxide,  in  various  concentrations,  els  a  function  of  chamber  or  reactor  pressure. 

The  theoretical  specific  impulse  of  hydrogen  peroxide  is  shewn  in  Figure  6.3-I5 
as  a  function  of  peroxide  concentration.  Propellant  g-urcr.  Is  related  to 
peroxide  concentration  in  Figure  6.3-16.  The  performance  Improvement  possible 
with  98$  peroxide,  including  the  incree^ed  specific  impulse,  and  increased 
propellant  density  for  equal  volume  applications,  is  approximately  13$. 

Delivered  specific  impulse  under  steady  state  conditions  with  90$  hydrogen 
peroxide  is  shown  in  Figure  6.3-17  as  a  function  of  nozzle  expansion  ratio. 

In  pulsing  operation,  performance  can  be  expected  to  follow  that  shown  in 
Figure  6.3-13  in  which  delivered  specific  impulse  is  related  to  pulse  length 
and  the  spacing  between  pulses.  Figure  6.3-19  shows  how  several  different 
engines  using  90$  hydrogen  peroxide  perform  in  pulsed  operation. 
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10$  or  Greater  Duty  Cycle 


1$  Duty  Cycle 


90$  -  Ho0  Hydrogen  Peroxide 


FIGURE  6.3-lU. 
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PERFORMANCE  OF  COMMON  MONOPROPELLANTS 
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FIGURE  6.3-15-  THEORETICAL  PERFORMANCE  OF  HYDROGEN  PEROXIDE 
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6.3. 5.2  PKRFORMAHCE  -  HHWAZIIK 

Hydrazine  decomposes  exothermally  to  nitrogen  gas  and  ameonla  which  partially 
dissociates  to  nitrogen  and  hydrogen.  This  decomposition  reaction  and 
dissociation  process  are  related  in  expression  6.3*1  to  the  parameter,  X, 
representing  the  fraction  of  ammonia  dissociation.  Figure  6.3*20  shows  the 
performance  of  100£  hydrazine  (igH^)  in  terms  of  specific  impulse,  character¬ 
istic  velocity  (C*),  chamber  temperature,  and  exhaust  product  sola  weight  and 
composition. 

The  performance  actually  delivered  by  monopropellant  engines  is  affected  pri¬ 
marily  by  nozzle  expansion  ratio,  engine  thrust  level,  and  whether  the  engine 
was  designed  for  steady-state  or  pulsing  operation.  Figure  6.3*21  shows 
delivered  specific  impulse  as  a  function  of  thrust  level  for  many  different 
hydrazine  engine  designs.  In  preliminary  design  exercises,  delivered  specific 
impulse  (vacuum,  steady  state)  is  generally  assumed  as  230-235  lbf-sec/lbm  with 
engines  larger  than  one  pound  thrust.  Performance  of  very  small  engines  may  be 
assumed  as  low  as  210  to  215  lbf-sec/lbnu  These  values  are  based  on  "hot  bed" 
results.  Cold  bed  performance  is  substantially  lower,  extending  possibly  to 
the  cold  bed  temperature  limit  of  approximately  119  lbf-sec/lbm  for  a  60°F  "cold" 
catalyst  bed. 

Performance  of  a  typical  hydrazine  engine  under  pulsed  operation  is  shown  in 
Figure  6.3-22  as  a  function  of  pulse  width  and  the  spewing  between  pulses. 

Minimum  impulse  bit  cepability  of  hydrazine  engines  is  strongly  affected  by  the 

engine-valve  relationship,  and  by  reactor  design  "learning  curve"  effects. 

Minimum  reproducible  impulse  bits  (lb-sec)  equal  to  0.005  times  the  nominal 

thrust  rating  have  recently  been  demonstrated  in.  hydrazine  engines  from  2  to  50 

lbs  of  thrust.  Minimum  reproducible  Impulse  bit  values  (1^  )  are  shown  in 

Figure  6.3-23  for  existing  hydrazine  engine  designs. _ ain _ _ 
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FIGURE  6.3-22  HYDRAZINE  MONOPROPELLANT  ENGINE  PULSE 
PERFORMANCE  CAPABILITY  (Ref.  26) 
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Caution  should  be  exercised  in  selecting  design  values  of  I  ,  since  fast 

min 

response  systems  can  be  substantially  more  expensive.  This  greater  expense 

is  due  to  more  involved  development  programs,  and  selective  engine  delivery. 

Values  of  I_  may  be  increased  considerably  where  nrutliple  engine  valve6  are 
min 

used  for  reliability  purposes. 

Impulse  tolerance  is  usually  specified  in  conjunction  with  minimum  impulse 
requirements.  These  operations  are  always  time  related,  and  are  thus  sensitive 
to  timing  errors.  As  a  general  rule,  engine  minimum  impulse  tolerances  may  be 
estimated  as  +  10^  of  the  miDimum  impulse  bit,  and  are  commonly  stated  tiiat  way. 
Some  improvement  is  possible  though,  when  necessary.  Mariner  II  (Mariner  R) 
which  was  accelerometer  controlled  was  capable  of  ♦  5^  tolerance  on  the  minimum 
impulse  bit.  Where  possible,  it.  is  suggested  that  impulse  tolerance  values 
shown  in  Figure  6.3-24  be  used  for  design  purposes. 
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6.3.6  MnnnKnmAiKr  tbrubtor  design 

The  design  of  monopropellaat  thrusters  using  hydrogen  peroxide  and  those 
using  hydrazine  is  sufficiently  different  to  merit  separate  discussion.  Their 
design  is  strongly  affected  by  the  particular  catalyst  used,  which  is  quite 
different  in  the  two  systems.  Variations  in  design,  to  accommodate  more  advanced 
propellants,  such  as  98^  hydrogen  peroxide,  or  the  hydrazine-  hydrazinium  nitrate 
mixtures,  can  be  treated  on  a  preliminary  basis  as  a  simple  change  to  basic 
design  parameters.  However,  these  changes  actually  Involve  significant  materials 
changes  due  to  the  higher  temperatures  Involved,  hence  should  not  be  treated 
as  currently  operational  approaches. 


6. 3.6.1  THKUSTOR  DESIGN  -  HYDROGEN  PEROXIDE  ENGINES 

Hydrogen  peroxide  thrustors  can  be  configured,  for  preliminary  design  exercises, 
by  using  the  procedure  outlined  below.  Primarily,  this  concerns  setting  per¬ 
formance  levels,  defining  catalyst  configuration,  and  sizing  the  engine  as 
shown  in  6. 3*8.1. 

1)  As  suae  engine  thrust  level,  F,  and  duty  cycle 

2)  Assume  chamber  pressure,  P  ,  and  nozzle  expansion  ratio  (£) 

v 

3)  Determine  specific  heat  ratio, ^  ,  for  the  propellant  using  Figure  6.3-16 

4)  Determine  thrust  coefficient,  CF>  for  the  engine  using  Figures  5* 1-1  and 
5.2-5. 

5)  Estimate  propellant  specific  impulse,  Ig,  by  means  of  Figurs#  6*3- 17  and 
6*3-18  considering  duty  cycle  effects 

6)  Determine  propellant  flow  rate,  (I) ,  by 


U)  = 


(6.3-2) 


7)  Determine  catalyst  frontal  area,  Ac,  by 

Ac  = 


(6.3-3) 
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where : 


Kp  “  a  constant  relating  catalyst  frontal  area  to  propellant  flow 

rate.  Peroxide  thrustors  with  pre-heat  sections  use  a  Kc 

value  of  4  in^/(lb/sec).  If  no  pre-heat  section  is  U3ed, 

assume  K  »  3. 
c 

8)  Assume  catalyst  pack  length,  L.  ; 


S, 


=*  2.0  inches 


9)  Define  catalyst  pack  pressure  drop,  Ak  ,  by  use  of  Figure  6. 3-26. 

P 

10)  Modify  thrustor  design,  or  catalyst  pressure  drop  when  changing  engine 
operating  conditions,  such  as  when  operating  at  different  pressure 


levels  or  when  throttling,  by: 


.KcJ  |_[.84l^e0jt}+4S 


-1  r-r>  —,0.42 


(6.3-9) 


6.3. 6-2  THRUSTOR  DESIGN- HYDRAZINE  THRUSTORS 

Mcmopro  pell  ant  hydrazine  decomposes  at  relatively  low  temperatures.  Figure 
6.3-5  relates  hydrazine  decomposition  temp; rati  ire  and  molecular  weight  to  the 
amount  of  ammonia  dissociation  involved.  It  is  generally  desirable  to  minimize 
ammonia  dissociation  to  maximize  performance  within  the  temperature  limitations 
of  practical  materials.  However,  minimum  residence  time  requirements  for 
complete  hydrazine  decomposition  also  result  in  approximately  30  percent 
ammonia  dissociation.  The  decomposition  temperature  of  hydrazine  under  these 
conditions  allows  the  use  of  such  materials  as  Haynes  25  alloy  in  conjunction 
with  radiation  cooled  or  radiation/heat  sink  engine  designs,  and  the  Shell  4C5 
catalyst. 
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Hydrazine  thrustors  of  this  type  csn  be  defined  in  a  preliminary  fashion  by 
use  of  the  following  iterative  procedure  (Reference  24). 

l)  Define  engine  thrust  level,  F.  In  velocity  control  engines  this  is  done 
by  evaluating  limits  to  maneuver  duration,  acceleration,  gravitational 
envlroiaeent,  control  authority,  engine  location,  and  duty  cycle.  Maximum 
thrust  limits  are  set  by  maximum  vehicle  acceleration  limits  for  structural 
or  control  purposes,  single  pulse  minimum  maneuver  velocity  limits  and 
engine  system  else  and  weight.  Minimum  thrust  level  limits  are  defined  by 
maximum  maneuver  time  limits  involving  engine  life,  performance  penalties 
associated  with  finite  burn- time  effects,  an-  thermal  and  power  limits 
Involved  with  being  in  the  maneuver  position. 


Thrust  level  selection  for  reaction  control  purposes  involves  defining 
upper  and  lover  thrust  limits  associated  with  disturbance  torques,  minimum 
impulse  bit,  response  rate,  and  engine  location  for  limit  cycle  operation 
and  for  all  attitude  positioning  maneuvers. 

2)  Assume  chamber  pressure  and  nozzle  expansion  ratio  and  establish  delivered 
specific  impulse  using  Figures  0.3-21  and  6.3-22. 

3)  Determine  propellant  flow  rate,  w,  by: 


w  =  F/I#  (lb/sec)  (6-3-6) 

4)  Assume  an  initial  value  of  reactor  bed  loading,  0  (propellant  flow  per 
square  inch  of  catalyst  cross-sectional  area),  which  can  be  subsequently 
iterated.  Bed  loading  values  can  be  selected  between: 

0  *  0.03  to  0.045  (lb/sec)  per  in2 


5) 


Determine  chamber  diameter: 


k 


(6.3-7) 
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pellet.  It  is  expressed  as  the  ratio  of  exposed  surface  area  of  a  sphere 
to  that  of  the  cylinder,  where  both  have  equal  volume.  Thus,  for  cylindric 


pellets: 


H-s  i  J ' ? 

L-g  '  '  -'v. 1  c. 


(6.3-11) 


whei*e:  A  /a 

o  c 


»  cylinder  diameter  (in) 

=  cylinder  length  (in) 

p 

a  Exposed  surface  area,  sphere  (in  ) 

O 

=  Exposed  surface  area,  cylinder  (in1^) 
=  Volume,  sphere  (in‘3) 

=  Volume,  cylinder  (in^) 


')  Determine  catalyst  bed  .Length,  L^; 


>.2  f  |" 


-  -0 .'^XO.'iOf)  ,0.3 


1*0  G 


(6.3-12) 


where:  =  average  chamber  pressure,  psia 

The  specific  surface  area,  As,  is  for  the  lover  portion  of  the  bed. 

This  equation  represents  minimum  bed  length  for  stable  reactor  operation, 
defined  as  less  than  t  Pc  oscillation  pedc-to-pe:u:.  This  results  in 
NI!^  dissociation  of  approximately  55$. 

9)  Determine  Reynolds  number  through  each  layer  of  the  catalyst  bed; 

Re  -  (to’  )  (6.3-13' 

(10)  Determine  catalyst  bed  pressure  drop  for  each  particle  size  layer  in  the 
catalyst  bed.  Totul  bed  pressure  drop,  which  is  the  total  for  all  the 
luyer^  Is  commonly  limited  to  3G-^  pfiid. 
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where:  ((00<N  *<£**}) 

(6.3-lU) 


AfL=  yioo  AsG  Lbm  w^xe:  (4>oo<  Nx  <  3ooo) 
£&(i.7e|) 


(6.3-15) 


(APch\  = 


(APc„) 


6.3-16) 


ll)  Iterate  bed  loading  (stop  1)  until  (APc)n  =  3^  to  UO  paid. 

Sometime r.  the  reactor  is  de signed  as  a  pas  generator  to  provide  gases  to 
remotely  located  thrusters,  to  pressurise  propellant  tanks,  or  to  drive 
turbines.  In  these  applications,  the  hydrazine  decomposition  reaction  is 

usually  conducted  for  greater  ammonia  dissociation,  lowering  gar.  temperatures 

» 

and  exhaust  gas  molecular  weight.  In  tliese  applications  flow  rat^  (u>), 
ohanoer  pressure  (Pc)  ammonia  dissociation  (X)  are  either  .specified 
or  easily  established.  The  catalyst  b^d  is  then  designed  by  the  above 
procedure,  except  t:  at  catalyst  bed  length  is  calculated  from 


I  =083  (*  T 

Qo5JG  L 


.«Vdp3t 

1  Ub 


to*  G5G 


(p.3-17 ) 


where:  dp  *  particle  size  in  lower  portion  of  catalyst  bed 
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Injector  design  is  a  very  involved  subject  which  is  strongly  affected  by 
design  preferences  of  the  engine  vendors.  Generally  injector  details  are  of 
little  consequence  in  preliminary  design  exercises  for  spacecraft.  Occasional ly, 
however,  it  becomes  important  to  configure  the  injector  in  a  preliminary 
fashion.  The  following  procedure  for  injector  sizing  is  thus  provided  (Ref.  2 6) 
together  with  the  caution  that  it  be  replaced  at  the  earliest  convenience 
by  more  exact  data  from  the  engine  vcndori 

1)  Assuming  a  showerhead  type  injector,  determine  the  necessary  number 


of  injector  orifices,  ii^,  from  catalyst  bed  dimensions  by: 

H  a  6  A 

T  c 

where :  A  s  catalyst  bed  crons  sectional  area  (in^) 

c 

4' 

2)  Determine  injector  pressure  drop,  A p, ,  by: 


(6.3-1*) 


JC.P 

1  c 


(6.3-19) 


where:  K  »  a  constant  from  0.10  to  0.20 
1 

3)  Get  the  injector  to  catalyst  bed  spacing  at  zero,  and  determine  the 


orifice  hole  spacing  by 


s  = 


where :  G 


*T?  ~Y\  Dc _ 

N-r-F  (fhOCyvM') 

spacing  between  orifice  hole  centers 
number  of  injector  orifice  rows 


(6.3-20) 
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6.s*7  MOMOFBOPXUJUrr  THRUWD*  OBHBWf 

The  basically  different  design  approaches  developed  in  6. 3 .6#  and  extended 
here  to  cover  thrustor  geometry,  require  individual  coverage  for  hydrogen 
peroxide  thrusters  and  for  hydrazine  thrusters. 

6. 3* 7.1  SIZE- HYDROGEN  PEROXIDE  THRUSTERS 

T&rust  chamber  size  any  be  developed  from  the  procedures  described  in 

6.1. 7.1#  in  conjunction  vi th  the  following  operations  referenced  to 

Figure  6. 3-27  j 

1)  Determine  catalyst  pack 

diameter,  d  ,  by:  II  Velvet- 

c  i 


Catalyst 

Bed 


_V$i  1 

1 

V. 

k 

4-KcF 

k 

DTI 

LitXs  J 

2)  Define  thrust  chamber  exterior  diameter,  dtc,  by: 


d  d  1.02  d 

tc  c 


3)  Define  nozzle  throat  diameter,  d^,  by 


*  BnfcrJ 

4)  Define  engine  major  diameter,  at  the  nozzle  exit  plane,  d  ,  by: 

de  =  cJ-t[^] 

5)  Determine  thrust  chamber  length,  by: 


A 


Lc  +  0.07 


k 


(6.3-21) 


(6.3-22) 


(6.3-23) 


(6.3-24) 


(6.3-25) 
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6)  Det emlne  nozzle  length,  l^,  by 


L  - 


0.5  3  (o 


(6. 3-26) 


7)  Determine  thruetor  length,  Lj.,  by 


LT=  ltc+  U 


(6.3-27) 


8)  To  define  total  engine  assembly  length,  a  value  must  be  assumed  for  valve 
size,  and  displacement  from  the  head  end  of  the  thrustor.  This  factor 
tends  to  follow  a  relatively  constant  value  of  4.0  Inches  in  many 
installations.  Thus,  in  numerous  hydrogen  peroxide  engine  and  valve 


installations,  engine  assembly  length,  L^,  equals 


Le  e  4  +-  Lf 


(6.3-28) 


It  should  be  cautioned,  however,  that  substantially  smaller  arrangements 
are  possible,  providing  the  engine  assembly  is  specifically  configured  to 
a  size  constraint.  In  dimensionally  critical  applications,  it  is  suggested 
that  specif ic  wive  designs  be  used  in  conjunction  with  equation  6  3-27. 


6. 3 . 7 .  2  SIZE-MGNOPROPBLLAMT  HT0BA&XNE  THRUSTORS 

Thrust  chamber  size  may  be  determined  with  expressions  developed  from  the 
design  procedures  previously  described  in  6.3. 6. 2.  Thrust  chamber  exterior 
diameter,  Hj£,  equals  approximately: 


D  - 

^Tc 


TfG 


4F 


(6.3-29) 
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"as 

may  nwga  from  230-234  see.  and  reactor  bed  lo«diii|,  0,  from  0.03  to  0.045 
2 

lb/Mfl  in  .  Thu  a,  this  expresalnm  cm  bs  reduced  to: 


IX-*  KoCF3'L 


(6.3-30) 


where  ^  >  a  factor  between  0.35  end  0.43, 


At  low  chamber  pressures  or  snail  nozzle  expansion  ratios,  a  point  is  reached 
when  chamber  disaster  exceeds  nozzle  exit  plane  diameter.  This  point  occurs 
in  nonopropellant  hydrazine  thrustors  when  the  reactor  bed  loading,  0,  equals 
the  propellant  flow  rate  per  unit  area  at  the  exit  plane  (Gip/Ag) .  Thus, 

When  6^,/Ag  is  larger  than  0,  chamber  dlaneter  exceeds  nozzle  exit  plane  disaster, 
and  maximum  thrustor  diameter,  equals: 

D„-I.I28  Ur]  £  wU-  >  ^ )  l6-3-31> 

Whenk^>/Ag  is  smaller  than  G,  nozzle  exit  diameter  predominates  and  maximum 
thrustor  disaster,  D^,  equals: 

d„--  i-K&Gm 2  aens  (6-3-32) 

Total  thrustor  length  is  coaprlsed  of  the  length  of  the  installed  valve 
assembly,  the  reactor  and  plenum,  and  the  nozzle  assembly.  It  is  particularly 
sensitive  to  reactor  length  in  low  thrust  engines  which,  in  turn,  is  a  strong 
function  of  the  particular  manufacturer’s  design  approach.  Valve  dimensions  are 
also  Important  in  small  engines,  and  especially  so  because  they  ceam  in 
discrete  sizes  and  are  rarely  repackaged  for  particular  engines.  Total  thrustor 
length  can  be  approximated  with  the  following  expression  developed  from  numerous 
hydrazine  thrustor  designs: 
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(6.3-33) 


where  Lg  *  thrustor  total  length,  laches 

CJL  »  nozzle  f actor ,  eqi  al*  1,0  for  conical 
nozzle*  and  0.80  for  80%  bell  nozslea. 

6.3.8  MOltOFBOnOJAKT  THRUSTOR  WEIOifP 

Hydro gen  peroxide  and  hydrazine  thrustor*  are  different  enough  In  design  and 
construction  to  merit  separate  discussion  relating  to  weight  definition. 

6. 3-8.1  HEIGHT  -  HYWOGKI  PEROXIDE  THRU3T0RS 

The  weight  of  hydrogen  peroxide  thrustor*  is  affected  by  operating  chamber 
pressure,  nozzle  expansion  ratio  and  particular  catalyst  bed  design.  In  most 
installations,  existing  thrustor  designs  are  modified  with  basically  simple 
changes  such  as  adding  additional  catalyst  screens,  enlarging  injector  boles  or 
screwing  in  new  nozzle  sections.  Consequently,  the  hypothetical  minimum  weight 
hydrogen  peroxide  thrustor  rarely  is  used.  In  preliminary  design  exercises,  it 
Is  desirable  to  use  weight  estimates  which  reflect  hardware  situations  which  can 
be  realistically  expected.  Thus,  the  following  expression,  derived  from  actual 
hydrogen  peroxide  thrustor  design,  is  suggested  for  use  in  preliminary  design 
situations : 

W_,  -  .5  ♦  .025  F  (6.3-3^) 

Ils 

6. 3.6. 2  VKIOHT>MQ!IOrROPKXlJUrr  HYDRAZIHE  THKUST0R8 

The  weight  of  monopropellant  hydrazine  thrustor*  1*  affected  by  the  many 
design  choices  available  in  terms  of  chamber  pressure,  expansion  ratio,  bed 
loading,  chamber  geometry,  cooling  provisions,  catalyst,  and  the  particular 
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valve  mwbly  to  be  used.  Weight  estimates  can  be  made  for  preliminary  design 
purpoeea  using  the  following  expression  derived  from  many  existing  engine 
designs*  assembly  weight,  W^,  including  valve.  Injector,  chamber, 

catalyst,  and  nozzle  equals  approximately: 

VE  -  *3  ♦  *05  F  (6*3-35) 

6*3*9  EBVKLOHED  MOMOFROPSLUNT  THRU8T0HS 

Nonopropellant  t  hr  us  tors  have  been  developed  for  use  over  a  thrust  range  of 
0.002  to  1200  pounds.  Hydrogen  peroxide  thru* tors  extend  from  1  to  1200  pounds 
within  this  range,  though  space  applications  have  not  exceeded  630  pounds. 

Table  6.3*3  is  a  list  of  monopropellant  hydrogen  peroxide  engines  which  have 
been  developed.  Developed  hydrazine  engines  span  a  thrust  range  of  0.002  to 
300  pounds  though  flight  applications  have  so  far  been  limited  to  0.02  to  50 
pounds.  Table  6.3-4  lists  monopropellant  engines  developed  for  spacecraft 
applications  and  for  research  purposes. 
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6.4  BIPROPELLAJfT  THRUOTORS 
6.4.1  GENERAL 

Liquid  bipropellant  engines  produce  thrust  by  chemically  reacting  two  pro¬ 
pellants,  called  the  oxidizer  and  the  fuel,  in  a  thrust  chamber  and  directing 
the  resulting  exhaust  through  a  nozzle.  Bipropellant  engines  are  used  in  the 
Lunar  Orblter,  Surveyor,  Agena,  Mercury  and  Apollo  spacecraft. 

Early  bi propellant  engines  employed  hydrogen  peroxide,  liquid  oxygen  or 

nitric  acid  as  "oxidizers"  with  alcohol,  anilene,  or  kerosene  "fuels".  These 
engines  were  used  in  missiles,  rocket- powered  aircraft,  and  boosters. 

Satellites  have  only  recently  used  bipropellant  engines  to  any  extent.  These 
applications  have  occurred  in  conjunction  with  the  trend  to  the  so-called 
"earth- storable"  propellants.  Spacecraft  applications  strongly  contributed 
to  this  trend  by  using  the  good  storability  and  performance  characteristics 
of  these  propellants  to  advantage  in  the  space  environment- 

Bipropellant  engines  for  spacecraft  generally  use  nitrogen  tetroxide  (N^O^) 
or  mixed  oxides  of  nitrogen  (MON)  at,  oxidizers  and  Aerozlne-50  or  mono- 
met  hylhydrazlne  (>#<H)  as  fuels.  Occasionally,  Inhibited  red  funlng  nitric 
acid  (IRFNA)  is  u6ed  as  an  oxidizer,  and  "neat  hydrazine  (N^  V  °r  unsymnetri- 
cal  dlmethylhydrazine  (UDMH)  are  used  as  fuels.  MON  is  a  mixture  of  nitrogen 
tetroxide  *lth  10-25^  nitric  oxide.  Aerozlne-50  Isa  trade  name  for  a  50-50 
mixture,  by  weight,  of  hydrazine  and  UDMH.  Chlorine  tri fluoride  (CIF^)  is 
increasing  in  use  with  the  fuels  mentioned.  Beyond  these  propellants  a  generation 
of  higher-energy,  storable  propellants  is  envisioned  which  includes  the  boranes, 
"Compound  A",  Hybaline",  and  similar  compounds.  However,  a  read,  need  for 
these  propellants  has  yet  to  be  established.  Consequently,  this  section  will 
cover  the  currently  popular  nitrogen  tetroxide,  IRENA,  MON,  anu  chlorine 
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tri fluoride  oxldlaere,  and  hydrazine,  UBMK,  MCI,  and  itioilat*$0  fuels. 

Combinations  of  th«M  foals  sad  oxidizers  ara  hypsrgDlic,  that  la,  they 
ignite  on  contact  in  the  thrust  chamber  and  require  no  auxiliary  ignition 
provisions.  This  Is  daslrahls  front  the  standpoint  of  system  simplicity  hut 
it  coaplicatas  sarrloa  and  handling  procedures  in  that  inadvertent  contact 
of  foal  to  oxidizer  must  be  avoided. 

6.1.2  OPKHATWG  FRIMCIPIX 

Bipropellant  rocket  engines  consist  of  a  propellant  control  valve,  propellant 
supply  lines,  injector,  thrust  c  hast  be  r,  and  nozzle  assembly.  Provisions 
nay  also  be  included  to  aount  the  engine  to  the  spacecraft  to  maintain  a 
predetermined  thermal  condition,  (thermal  control)  and  to  control  the  engine 
thrust  vector  direction  (TVC). 

Propellants  are  provided  to  the  engine  injector  on  demand  by  propellant  flow 
control  valves  in  both  the  fuel  and  oxidizer  engine  feed  lines.  Fuel  and 
oxidizer  are  kept  separate  continuously  as  they  pass  through  the  engine  pro¬ 
pellant  manifold  into,  and  through  the  Injector  assembly.  Tbs  Injector  dis¬ 
tributes  and  mixes  fuel  and  oxidizer  within  the  chamber  to  pnxsote  efficient 
reaction,  to  prevent  and  suppress  pressure  instabilities,  and  to  assist  in 
engins  cooling. 

Chemical  reaction  of  these  bipro pel lsats  produces  gases  at  high  temperatures 
(5500-6000°B)  which  exceeds  the  structural  capabilities  of  practical  chamber 
materials.  Propellant  mixture  ratio  (ratio  of  oxidizer  to  fuel,  by  weight, 
at  the  chamber  walls  is  deliberately  controlled  by  injector  design  so  that 
substantially  cooler,  fuel- rich  gases  contact  tbe  walls.  Heat  rejection  from 
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bipropeULes*  engines  Is  coot  rolled  by  radiation,  material  ablation,  or  by 
regenerative  cooling.  Almost  ell  early  bipropellant  anginas  used  regenerative 
cooling  or  natarlal  ablation  to  protect  the  angina  during,  and  1—sfllstely 
following,  angina  operation.  Regeneretlvely  ooolad  anginas  are  not  nrwnaly 
uaad  where  rapid  response  and  pulsing  capability  are  desired  because  of  the 
large  hold-up  rolxste  involved.  Ablative  engines  have  bean  used  for  sows 
tine,  so  the  technology  has  reached  a  considerable  degree  of  reflnaweot .  But, 
ablative  engines  are  life  limited  by  ablation  rate  and  the  anount  of  ablative 
natarlal  which  means  that  long  operating  periods  require  heavier  anginas. 

Some  radiation  cooling  has  been  used  in  later  ablative  engine  designs  to 
reduce  weight.  Radiation  cooled  bipropellant  engines  have  recently  bean  used 
with  success  in  space.  The  bipropellant  Marquardt  MA-109  engine  has  been 
successfully  flown  in  the  fire  Lunar  Orb  iter  missions.  Radiation  oooled 
engines  are  fairly  lightweight,  much  less  sensitive  to  life  limitations,  and 
can  be  closely  coupled  to  the  propellant  valves  for  fast  response  and  good 
pulsing  performance.  Radiation  cooled,  blpropellant,  engine  designs  currently 
cover  the  5  to  2000  lb.  thrust  range,  and  this  trend  to  radiation  cooling  Is 
expected  to  continue.  Ablative  engine  designs  persist,  especially  In  the 
larger  blpropellant  engines  which  are  sometimes  augmented  with  some  radiation 
cooling*  The  Surveyor  spacecraft  is  the  only  currently  known  aee  for  low 
thrust,  re generatively- cooled,  blpropellant  engines.  Table  6.fc»l  shove  a 
comparison  of  these  blpropellant  engine  types  based  on  those  factors  which 
are  particularly  mission  or  spacecraft  related. 
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6.4.3  BIFBOPILLAlfT  THRU890B  CX)H8TRUCTI01l 

The  three  major  cooling  techniques  used  In  small  bipropellant  engines  Involve 
regenerative  cooling,  materials  ablation  or  radiation  cooling.  Ablative 
engines  are  particularly  life  limited  by  the  amount  of  ablative  material 
present.  Ablative  and  rrgeneratively  cooled  thrust  chambers  have  low  exterior 
surface  temperatures  formally  less  than  500*F)  which  permits  them  to  be 
recessed  vlthin  the  spacecraft.  Radiation  cooled  engines  (surface  temperatures 
above  2000*F)  are  usually  not  recessed  since  they  induce  heavy  thermal  loads 
on  adjacent  equipment.  Sometimes  they  are  even  affixed  to  extended  mounts  as 
a  thermal  standoff  to  minimize  radiation  effects.  These  mounts,  plus  asso¬ 
ciated  plumbing  and  wiring  can,  however,  Impose  significant  weight  penalties 
to  the  system.  Recently  research  and  development  programs  have  been  conducted 
to  adapt  radiation  cooled  bipropellant  chambers  to  burled  installations. 

6. 4. 3.1  ABLATIVE  ENGINES 

A  typical  ablative  engine  is  shown  in  Figure  6.U-1  complete  with  valves. 

ijpllfled  terms,  an  ablative  thrust  chamber  Is  constructed  of  resin- lmpreg- 
“  bergiass.  Cooling  is  accosipllshed  by  boiling  out  the  resin.  This 
t ...  brust  chamber  assembly  has  been  employed  on  the  Gemini,  Apollo 

Command  Module,  and  the  Titan  III  Trans  tag  e.  Ablative  thrust  chambers  are 
used  with  radiation  cooled  nozzle  extensions  in  larger  propulsion  units 
(9000-20000  lb-thrust  class). 

Ablative  thrust  chambers  are  usually  designed  for  chamber  pressures  between 
100  to  130  psla  since  pressure  related  velght  penalties  become  prohibitive 
at  higher  pressure  levels.  Above  a  pressure  level  of  130  psla,  a  refractory^- 
type  throat  Insert  Is  considered  mandatory  to  minimize  thrust  variations  due 

to  throat  area  growth.  A  somewhat  common  design  criteria  involves  restricting 
■e-eter-Pi"  vrar*1  — 11 — —  .  . . —  1  ■  "-1  ■  ■  . 
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external  surface  temperature  below  400°F  to  permit  a  burled  Installation. 

6. 4.3. 2  RADIATION  COOLKD  ENGINES 

A  typical  radiation  cooled  bipropellant  engine  Is  shown  in  Figure  6*h-2»  . 

Engines  similar  to  this  are  used  on  Lunar  Orb  Iter,  Apollo  Service  and  Lunar 
modules,  and  on  the  Agena  secondary  propulsion  system.  Hie  high  combustion 
temperatures  of  bipropellant  engines  require  special  materials  including  the 
refractory  metals.  Currently,  the  most  frequent  applications  involve  molyb¬ 
denum-titanium  or  tantalum-tungsten  alloys.  Government  funded  research  and 
development  efforts  are  currently  being  conducted  to  apply  columbium  alloy 
and  beryllium  metals  to  thrust  chamber  construction. 

Radiation  cooled  thrust  chambers  are  coated  with  materials  (such  as  an 
aluminide  or  siliclde)  to  prevent  oxidation  of  the  base  metal.  External 
surfaces  are  also  coated  to  improve  emlsslvlty,  and  to  prevent  oxidation 
during  test.  Currently,  these  coatings  limit  chamber  wall  temperatures  to 
about  3000-32OO*F,  which  in  turn  limits  maximum  chamber  pressure  to  about 
100  psia.  Current  operational  throat  temperatures  are  on  the  order  of  2000- 
2500*F,  a  •value  achieved  by  operating  the  engine  slightly  off  optimum  mixture 
ratio  and/or  the  incorporation  of  film  cooling.  A  considerable  margin  is 
generally  maintained  between  actual  and  allowable  wall  temperature  to  provide 
long  engine  life. 

6.4. 3. 3  REOENERATIVELy  COOLED  ENGINES 

A  typical  regenerativeiy  cooled,  small  bipropellant  engine  is  shown  in  Figure 

6.4.3  %  .  At  this  time,  the  only  known  application  of  this  principle  la 

on  the  Surveyor  spacecraft  vernier  engines.  This  spacecraft  uses  three 

radially  distributed  engines  for  raldcourse  correction,  attitude  control  retro 

maneuvers,  and  terminal  maneuver  vernier  control.  Attitude  control  is 
accomplished  by  differential  throttling. - 
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The  regenerative  cooling  circuit  contribute*  a  relatively  large  trapped  pro¬ 
pellant  volune  below  the  engine  control  valve.  This  prolongs  engine  operation 
during  any  valve  actuation  until  the  cavity  la  cleared.  Thus,  transient 
response  and  minimum  operating  times  are  inferior  to  those  possible  in  the 
more  closely  coupled  ablative  or  radiation  cooled  engines.  It  is  possible 
to  design  regenerative  engines  specifically  for  transient  performance  by 
locating  the  propellant  flow  control  valve  between  the  Jacket  and  the  injector. 
However,  post-firing  heat  soakback  becomes  a  significant  problem  in  this  case 
if  it  can  cause  the  propellants  to  boil.  This  is  not  desirable  In  that  it 
may  overpressurize  propellant  plumbing  briefly,  and  it  may  result  in  entrained 
gas  problems  during  subsequent  operation. 

6.4.4  BIPROPELLANTS 

Bipropellants  in  extensive  space  usage  currently  involve  the  so-called  "earth 
storable" propellants.  Common  oxidizers  are  nitrogen  tetroxide  and  the  mixed 
oxides  of  nitrogen  (MDN),  nitric  acid.  Chlorine  trifluoride,  already  in  Navy 
shipboard  use,  may  also  be  used  in  space  application.  Common  fuels  are  hydra¬ 
zine,  unsymraetrical  dlmethylhydrnzine,  Aerozine-SO,  and  monome thy  1  hydrazine. 
Significant  physical  properties  of  these  propellants  are  summarized  in 
Thble  6.4-2  .  They  will  be  discussed  separately  in  greater  detail. 
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TABLE  6.4-2 
PHYSICAL  PROPERTIES 

or  monaiAvrs 


Oxidizers 

Freeze 

Point, 

•f 

Boil* 

Point, 

•f 

Specific* 
Gravi ty 

Absolute4 

Viscosity, 

lb/ft-sec 

pacific4 

Heat, 

Btu/lb-*F 

No0, 

2  4 

11.8 

70 

1.49 

2.95xlO“U 

0.365 

MON-10 

-10 

45 

1.46 

2.04xlO“4 

MON- 15 

-24 

35 

1.41 

MON-25 

-61 

170 

1.39 

IRFNA 

-65 

142 

1.59 

9.50x10“^ 

0.418 

CIF3 

-118 

53 

1.83 

3.10x10"^ 

0.308 

Fuel  3 

N?H4 

34 

236 

1.00 

6.90x10"^ 

0.734 

UTMH 

-71 

146 

O.705 

4. 10x10- 4 

0.647 

MMH 

-62.3 

189 

0.871 

6.70x10“^ 

0.699 

Aero- 50 

18.8 

156 

0.908 

7.iOxio“4 

0.689 

*  Boiling  temperature,  referenced  to  14.7  pel 


+  Specific  gravity,  viscosity,  and  specific  heat  referenced  to  60*F 
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6. 4. 4.1  OXIDIZERS- NITROGEN  TETROXIDE  AND  THE  MIXED  OXIDES  01  NITROGEN 
Nitrogen  tetrox ide  (N,,0^)  consists  principally  of  the  tetroxide  in  equilibrium 
with  a  small  amount  of  nitrogen  dioxide  ( NCg ) •  As  obtained  commercially,  it 
contains  less  than  0.1#  water  by  weight.  Nitrogen  tetroxide  ia  very  reactive 
and  toxic,  but  is  not  sensitive  to  mechanical  shock,  heat,  or  detonation. 
Specific  heat,  absolute  viscosity,  density  and  vapor  pressure  of  nitrogen 
tetroxide  are  shown  as  functions  of  temperature  in  Figure  6.4-4  . 

The  relatively  high  freezing  temperature  of  nitrogen  tetroxide  may  be  reduced 
by  forming  a  solution  with  nitric  oxide  (NO),  producing  the  so-called  "mixed 
oxides  of  nitrogen"  or  MON.  These  solutions  are  generally  designated  by  the 
percentage  of  NO,  hence  MON  10,  MON  15,  and  MON  20.  Boiling  point  is  also 
changed,  as  indicated  in  Table  6.4-2.  The  density,  absolute  viscosity  and 
vapor  pressure  of  MON  10  solutions  are  shown  in  Figure  6.4-5, 

6.4.4.?  Oxidizer-Nitric  Acid 

Inhibited  red  fuming  nitric  acid  (IRFHA)  consists  of  83.4#  nitric  acid  (HNO^), 
13#  nitrogen  tetroxide  (N^O^),  3#  water  and  0.6#  hydrogen  fluoride  (HF).  It 
is  highly  corrosive,  toxic,  and  reacts  with  most  metals  and  organic  materials. 

It  is  currently  being  employed  in  several  launch  vehicle  stages,  such  as  Agena, 
and  in  several  air-launched  missiles.  Figure  6.4-6  shows  specific  heat,  absolute 
viscosity,  density,  and  vapor  pressure  of  IHFNA  as  a  function  of  temperature. 

6. 4. 4. 3  Oxidizers-Chlorine  Trifluoride 

Chlorine  trifluoride  (CLF^)  is  commercially  available  with  purities  greater 
than  99#-  It  is  a  toxic  and  corrosive  oxidizing  agent  similar  to  fluorine. 

It  reacts  with  water  and  will  support  combustion  with  almost  all  organic 
vapors  and  liquids.  It  reacts  with  all  elements  except  the  rare  gases  and 
nitrogen.  However,  it  forms  a  protective  film  on  certain  metal  surfaces  which 
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6.  4.  4. 7  fUXZB'IOJIOMETBXLBYERAZINX  (lMB) 

As  with  other  hydrazine -type  fuels,  MfE  is  toxic  and  volatile.  It  is  not 
sensitive  to  Impact  or  friction.  It  is  sore  stable  than  hydrazine,  but  is 
similar  to  hydrazine  in  sensitivity  to  catalytic  deconposiiton.  The  viscosity, 
specific  heat,  density  and  vapor  pressure  of  IMH  is  shown  in  Figure  6. A- 10 
as  a  function  of  temperature. 

6.4.5  PERFORMANCE  OF  BIFROPEUANT  ENGINES 

Figure  6.4-11  shows  the  theoretical  performance  of  bipropellant  combinations 
considered  in  this  section  as  a  function  of  propellant  weight  mixture  ratio* 
and  referenced  to  a  100  psia  chamber  pressure  and  50:1  nozzle  expansion  ratio. 
Propellant  density  is  sufficiently  different  for  most  combinations  to  affsct 
spacecraft  size,  so  Figure  6.4-12  shows  overall  propellant  bulk  density  as 
a  function  of  mixture  ratio  for  these  same  combinations. 

The  perfoimance  actually  delivered  by  these  combinations  is  reduced  from 
theoretical  values  by  losses  attributable  to  the  mining  and.  combustion  process, 
thermal  and  cooling  conditions,  friction  drag,  variations  in  propellants  and 
the  geometrical  Influences  of  the  injector,  chamber  and  nozzle.  These  factors 
vary  with  engine  design  size  and  operating  duty  cycle.  The  latter  two  factors 
are  the  most  significant.  Fig.  6.4-13  shows  performance  as  a  function  of 
thrust  for  many  different  bipropellant  engines  having  different  propellants, 
mixture  ratios,  chamber  pressures  and  expansion  ratios.  This  performance  is 
actually  normalized  to  a  percentage  of  theoretical  vacuum  specific  impulse 
(shifting  equilibrium)  at  the  engines  nominal  operating  point.  The 
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discontinuity  observed  In  these  date  can  be  attributed  to  vhether  the  engine 
vas  designed  for  primarily  steady  state,  or  pulsing  operation. 

As  operating  duration  is  decreased,  the  relatively  constant  thrust  build-up 
and  decay  transients  represent  a  greater  portion  of  the  delivered  impulse. 
Transient  operation  is  less  efficient  since  operating  characteristics  greatly 
exceed  the  conditions  for  which  the  engine  was  designed  for  greater  performance. 
Including  propellant  mixture  ratio.  This  result*  in  decreasing  performance 
as  pulse  size  (i.e.,  width)  decreases.  The  variations  in  performance  for 
these  conditions  is  shown  in  Figure  6.4-14  as  a  function  of  delivered  steady 

state  performance. 

» 

Figure  6.4-15  shows  the  performance  of  a  typical  bipropellant  rocket  engine 
using  earth  Storable  propellants. 

It  is  sometimes  desirable  to  impart  very  small  impulse  bits  to  perform  very 
small  maneuvers.  Consequently,  the  engine  capability  to  provide  this  control, 
known  as  "minimum  impulse  bit"  capability,  frequently  becomes  a  very  important 
factor  In  engine  design  or  selection.  The  capability  for  very  small  impulse 
bits  is  determined  primarily  by  how  fast  the  engine  valves  can  be  operated. 

The  "hold-up  volume,"  or  line  volume  between  the  valves  and  the  injector  is 
also  Important .  Engines  designed  with  this  capability  and  good  pulsing  per¬ 
formance  in  mind  are  termed  "close- coupled,  fast  response"  engines.  As  s 
gross  rule,  minimum  impulse  bit  capability  for  these  close  coupled,  last 
response  engines  can  generally  be  estimated  by: 

L  -  .01  ♦  .004  F  (6.4-1) 

Kin 

Minimum  impulse  bit  tolerance  generally  will  not  exceed  ♦  10^  of  1_ 

Kin 
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6.k.6  BUWIKLLAirr  SBKUSTOR  ZESIOf 

Biprop#  Hurt  engines  cam  be  configured  for  space  craft  preliminary  design 
exercises  by  using  the  following  generalized  procedure: 

1)  As  suss  engine  thrust  level,  F,  and  duty  cycle.  These  are  established 
for  velocity  control  engines  by  evaluating  limits  to  naneuver  duration, 
acceleration,  gravitational  environment,  control  authority,  engine  location 
and  duty  cycle.  Maxima  thrust  levels  are  set  by  acceleration  Units  for 
structural  or  control  purposes,  single  pulse  minima  maneuver  velocity 
Halts,  and  engine  size  and  weight.  Minima  thrust  levels  are  set  by 
maxis*  maneuver  tine  limits  imposed  by  engine  life,  performance  penalties 
assoclatsd  with  finite  burn  tins  effects,  and  thermal,  power  and 
coaaunlc&tion  lisU.tr  associated  with  being  in  the  naneuver  position. 

Thrust  level  limits  for  reaction  control  are  evaluated  from  disturbance 
torques,  minimum  impulse  bit,  response  rate,  and  engine  location  for 
limit  cycle  operation  and  for  all  attitude  positioning  maneuvers. 

2)  Assume  thrust  chamber  pressure,  I  ,  consistent  with  the  following  values 

representative  of  current  practice: 

&)  P  (radiation  cooled  engines)  ■  50  to  100  psia 
c 

Current  radiation  cooled  bipropellant  engines  in  the  0.2  to  200  lbs 
thrust  range  are  evenly  distributed  throughout  this  chamber  pressure 
rang*. 

b)  T  (ablative  type  engines)  •  100  to  150  psla 

Current  ablative  bipropellant  engines  in  the  5  to  150  pound  thrust 
range  are  rather  evenly  distributed  between  80  to  150  pel  chamber 
pressure. 

c)  Pc  (re genera tively  cooled  engines)  ■  100  to  300  psla 

_ The  few  regsneratively  cooled  bipropellant  engines  designed  fit  in  the 
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20  to  200  lb  thrust  rang*  sad  art  gsnsrally  throttling  engines. 
Chaaber  pressures  vary,  consistent  vith  thrust,  with  approximately 
15  to  150  psla. 

3)  Assiase  nozzle  expansion  ratio,  £ .  A  good  starting  point  is  £  •  ho  at 
which  the  Minority  of  small  bipropellant  engines  are  designed* 

4)  Determine  propellant  specific  impulse,  Isp  for  steady  state  operation 
from  Figures  6.4-11  thru  6.4-15. 

5)  Determine  propellant  flow  rate  from: 

w  -  T/ln  (6.4-2) 

6.4.7  BIPBOPELDUfT  SBGIHK  GEOMETRY 

Dimensions  of  bipropellant  engines  will  vary  somewhat  depending  on  the  basic 
cooling  technique,  amount  of  insulation,  and  location  of  engine  valves.  In 
preliminary  design  exercises,  the  thrust  chamber  and  nozzle  major  diameter 


are  usually  the  nozzle  exit  diameter,  d  ,  which  can  be  estimated  by: 

0 


d  -  K  ♦  0.84 

©  6 


Lpc  j 


(6.4-3) 


where:  K  -  a  constant  relating  nozzle  exterior  to  Interior  dimensions 
in  the  exit  plane,  and  having  a  value  of  * 

K  ■  0.3 (radiation  and  regeneratively  cooled  engines) 

-  1. ©(ablative  engines) 

Some  latitude  la  available  in  setting  the  major  engine  assembly  diameter,  d^, 
which  is  frequently  affected  by  such  items  as  engine  mounts  and  propellant 
values.  However,  current  practice  essentially  follows: 


+  Ki 
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where  It .  •  a  constant  relating  major  assembly  diameter  to  nosmle  exit 

u 

diameter,  and  haring  a  value  of: 

K.  -  2*9  (radiation  and  re  ganerat  ively  ooolad  engine  a) 
c 

«  2.2  (ablative  engine*) 

Total  length  of  a  typical  bipropellant  engine  assembly,  I<y,  including  pro- 

pellant  rale*  can  be  estivated  in  pralla inary  design  exercises  with : 

1/2  1/2 


6.U.8  BIFROWLLAHT  9K3IM  WIGHT 


S  * 3  'jjj 


{6.I1.5) 


Bipropellant  engine  weight  1b  affected  by  the  cooling  techniques  used.  Baglas 
vendors  bare  conducted  mnwrou*  parametric  studies  to  relate,  for  each  cooling 
method,  engine  weight  to  thrust,  chaster  pressure,  expansion  ratio,  and 
operating  duration.  Such  studies  attempt  to  show  weight  relationships 
and,  frequently,  to  indicate  specific  regions  of  preference.  Experience 
has  shown,  however,  that  they  frequently  do  not  correlate  well  with  actual 
engine  design*  •  This  can  happen  because  (l)  some  factors  are  really  not 
amenable  to  parametric  treatment,  (2)  some  parameters  can  be  valued 
differently  depending  on  cooling  concept,  (3)  cooling  concept  can  affect 
the  weitfrt  of  non- propulsive  spacecraft  equipment,  and  (k)  there  la  a 
degree  of  optimism  which  accompanies  studies  not.  immediately  related  to 
hardware.  Vendor  differences  in  cooling  concept,  deal  ^construct  ion 
and  materials  are  difficult  to  relate  parametrically.  Standard  material 

gsgss  and  component  sices  actually  introduce  step  functions  Into  weight 

< 

comparisons.  There  sire  also  installation  and  mission  related  weight 
factors  pertaining  to  environment,  engine  mounting,  and  duty  cycle  which 
may  obviate  direct  comparisons.  To  include  these  effects,  the  following 
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weight  expressions  have  been  derived  from  the  weight  and  design  characteristics 
of  sore  than  40  diffsrent  bipropellant  rocket  engines  between  0.2  and  200 
pounds  thrust,  and  using  earth  storable  propellants. 

a)  Full  Ablative  Engines  -  The  weight  of  a  full  ablative  engine,  Vft,  that  is, 
an  engine  having  an  ablative  thrust  chaaber,  an  ablative  nozzle  assembly, 
propellant  valves,  injector,  inlet  plunblng,  fittings,  wiring,  cabling,  and 
engine  Mounts,  can  be  roughly  estimated  frost  the  following  expression: 


W_  -  2.5  ♦  .05  F 


(6.4-6) 


where:  F  -  engine  thrust  level  between  5  and  100  lbs  and  the  nozzle  expansion 
ratio  is  about  40. 

This  expression  does  not  resolve  engine  weight  variations  as  a  function  of 
operating  duration. 

b)  Radiation  Cooled  Engine s  -  The  weight  of  t  radiation  cooled  bipropellant 
engine,  including  valves,  injector,  inlet  plumbing,  fittings,  wiring, 
cabling,  and  engine  mounts  can  be  estimated  froa  the  following  expression: 


wR  -  0.161  5  ♦  *  E°'.8? 

C 


(6.4-7) 


c)  Regene  rat  ively  Cooled  Engines  -  Ho  mathematical  model  can  be  given  for 
small,  regenerat ively  cooled,  bipropellant  rocket  engines  since  too  few 

such  engines  exist  upon  which  the  analysis  could  be  based. 

\ 

6.4.9  DEVELOPED  BIPROPELUIT  THKUSTORS 

Vable  6.4.3  lists  bipropellant  engines  developed  for  spacecraft  applications 
and  for  research  purposes. 
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7.0  SY3TBN3  CONSIDHIATIDK 

I 

Certain  systems  considerations  are  important  in  a  discussion  of  velocity  control 
and  reaction  control  thrust  ors.  The  thrust  or  Itself  is  actually  a  small  'weight 
and  geometry  penalty  to  the  system.  But  thrust  or  design  significantly  affects 
propulsion  system  characteristics  which,  In  turn,  are  usually  important  to 
the  spacecraft.  Spacecraft  design  is  especially  sensitive  to  power  require¬ 
ments,  command  and  control  procedures,  data  provisions,  thrust  vector  and  thermal 
control  requirements,  propellant  performance,  and  propellant  storage  pressures. 
These  factors  will  be  briefly  discussed. 

7.1  INTERFACES 

The  thrustor  itself  interfaces  with  the  propulsion  system  directly  and  the 
spacecraft.  The  propulsion  system  also  interfaces  directly  with  the  spacecraft. 
Both  the  thrustor  and  the  propulsion  system  have  on  interface  with  the  mission 
as  it  relates  to  trajectory  duration  and  sequencing.  Primary  interfaces  are 
shown  in  Table  7.1-1,  and  discussed  below: 

a)  Propellant  Feed  System  —  The  thrustor  assembly  connects  directly  to  the 
propellant  feed  system  at  the  inlet  side  of  the  engine  or  engine  valves. 

Tills  connection  directs  propellants  from  the  feed  system  to  the  engine 
injector.  It  is  affected  by  propellant  flow  rate  and  by  propellant  supply 
pressure .  Engine  chamber  pressure  is  related  to  feed  system  pressure  drops 
and  propellant  supply  pressures  in  the  tanks.  Hence,  engine  chamber 
pressure  affects  system  weight  to  a  large  extent  since  propellant  tanks, 
and  frequently, plumbing  lines,  axe  designed  as  pressure  vessels. 

The  engine  to  feed  system  interface  also  may  include  torsional  and  trans¬ 
lational  loads  imparted  to  feed  system  plumbing  through  engine  gimbally  for 

SHEET  161 

l  ?  4*02  1  4  94  ft  F  Y  .  #-  «  5 


f CR  T  V Pf  '  ’  EN  MATERIAL  ONLY 


NUMBER  D£-llVlia-2 

- -  REV  LTR 


t]  4  3  02  1434  If  V  .  a~«s 


; 

NUMBER  2&-U4U&-2 

THU  COMf.N* 

REV  LTR 

thrust  vector  control.  A  deliberate  attempt  should  be  gads  In  this  regard 
to  distribute  these  loads  in  such  a  aanner  as  to  minimise  their  effect  on 
gimbal  actuator  control  authority . 

b)  Thrust  Vector  Control  —  Engines  used  for  velocity  control  any  require  some 
thrust  vector  control  capability.  This  capability  may  take  the  form  of 
gimballing  the  engine,  deflecting  engine  exhaust  by  vanes  in  the  exhaust 
stream,  or  differential  thrust  control  of  several  engines.  Engine  gimball- 
ing  involves  a  moveable  engine  assembly  which  requires  a  large  geometrical 
envelope  for  clearance  reasons,  mechanical  connections  for  driving 
actuators  and  a  hinge  or  multi-axis  assembly  as  a  pivot.  Loads  are 
applied  at  the  actuator  attachments,  hinge  points,  and  propellant  supply 
plumbing.  Jet  vane  systems  involve  a  fixed  engine  assembly.  Jet  vanes 
are  primarily  sensitive  to  thermal  loads  from  the  propellant  exhaust  to 
the  vane  limiting  it  to  use  with  lower  temperature  systems.  In  multi- 
engine  assemblies  used  for  velocity  control,  differential  throttling 

or  pulsing  can  be  used  for  control  of  the  mean  effective  thrust  vector. 

The  primary  interfaces  in  this  case  are  electrical  for  command  and  control, 
and  thermal,  as  related  to  engine  behavior  in  the  particular  duty  cycle. 

c)  Structural  Attachments  --  The  thrustor  interfaces  either  with  the  spacecraft 
or  with  propulsion  system  structure  at  a  specific  attach  ooint  at  which 
thrust  loads  are  transmitted.  This  interface  may  also  affect  clearance 
requirements  when  gimballed.  Precise  location  of  the  engine  on  the  thrust 
mount  is  important,  especially  in  fixed  engine  installations,  to  insure 
that  the  nominal  thrust  vector  is  directed  through  the  spacecraft  center 

of  gravity. 
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d)  Thermal  Coatrol  —  Thermally*  the  thrustor  effect®  the  spacecraft  environ¬ 
ment,  and  Is  in  turn  effected  by  the  spacecraft  and  the  space  environment. 
Thrustor  induced  thermal  loads  arise  from  radiation  and  conduction  from 

the  engine  and  radiation  from  the  exhaust  plume.  Thermal  Interfaces 
exist  at  the  engine  attach  points*  propellant  plwbing,  g label  attach 
points,  thermal  shielding,  and  the  radiation  profiles  of  the  engine  and 
exhaust  plume. 

e)  Electrical  —  The  electrical  Interface  Includes  all  electrical  provisions 
for  power,  control  and  sequencing  of  fuel  and  oxidizer  valves,  and  instru¬ 
mentation  and  for  data  readout. 

f)  Service  --  The  service  interface  includes  all  electrical  provisions  for 
verifying  electrical  continuity  and  for  all  service  instrumentation.  It 
also  includes  hydraulic,  mechanical,  and  pneumatic  provisions  for  pre- 
l'llght  service  and  installation. 

7-2  SYSTEM  POWER 

Electrical  pover  is  used  by  the  propulsion  system  to  actuate  valves  on  the 
engine,  in  the  pressurization  system,  and  in  the  propellant  system,  to  drive 
actuators  for  thrust  vector  control,  to  process  commands  and  data  concerning 
system  operation,  and  to  elevate  temperatures  locally  by  electrical  heaters. 

Figure  7*2-1  shows  electrical  pover  requirements  for  operating  many  existing 
stored  gas,  monopropellant  and  bipropellant  engines.  These  are  total  engine 
valve  electrical  pover  requirements  for  non- redundant  Installations.  Thus, 
bipropellant  engine  requirements  involve  both  the  oxidizer  and  fuel  valves. 

These  pover  values  should  be  doubled  when  redundant  valves  are  Involved.  It  is 
important  to  note  that  these  are  not  minimum  pover  curves,  but  are  regions 
vhich  show  the  pover  requirements  associated  vlth  actual  installations  having 
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different  response  conditions.  The  general  flatness  of  these  curves  develops 
froa  the  fact  that,  in  many  installations,  the  sane  valve  is  used  at  different 
thrust  levels  and  response  characteristics.  Figure  7.2-2  shove  the  relationship 
of  valve  power  to  response  for  a  typical  solenoid  valve. 

System  power  requirements  may  greatly  exceed  engine  requirements,  especially 
if  many  valves  are  used  in  the  pressurization  or  propellant  feed  systems. 

Jtover  requirements  for  command,  control,  and  telemetry  data  concerning  propulsion 
system  status  are  small. 

Heated  gas  t  hr  us  tor  systems  using  electrical  heaters  may  be  expected  to  have 
significant  weight  allotments  for  power.  Similarly,  electrical  heaters  used  for 
thermal  control  may  consume  large  amounts  of  energy  by  operating  at  low  power 
for  extended  periods  or  by  operating  briefly  at  high  power  levels  such  as 
during  periods  of  occultat ion. 

In  summary,  propulsion  system  power  requirments  develop  from  the  needs  of  many 
components,  having  different  power  ratings  and  operating  times.  It  is  Important 
in  system  design  to  develop  a  propulsion  system  power  requirements  schedule  to 
identify  power  consuming  elements,  to  sequence  power  consuming  events,  and  to 
help  Integrate  propulsion  system  and  spacecraft  power  requirements. 

7-3  THRUST  VECTOR  CONTROL 

Engines  used  for  velocity  control  purposes  need  some  sort  of  directional  control 
over  the  engine  thrust  vector  to  position  it  properly  with  respect  to  the  space* 
craft  center-of- gravity.  In  numerous  bipropellant  engines  this  capability  is 
provided  by  glmballlng  the  engine  in  two  axes  normal  to  the  thrust  vector.  This 
procedure  requires  mouuting  the  engine  within  a  movable  assembly  of  sufficient 
strength  to  withstand  structural  and  thrust  loads,  and  to  provide  actuator 
attach  points  of  similar  capability.  Engine  inlet  plumbing  and  cabling  must 
also  be  positioned  and  designed  to  minimize  their  loads  on  the  actuator  and  to 
prevent  clearance  problems. 
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It  is  also  possible  to  rigidly  fix  the  engine  assembly  and  direct  the  effective 
thrust  vector  by  glmballlng  the  nozzle,  or  by  Boring  vanes  positioned  in  the 
exhaust  stream  at  the  nozzle  exit.  Vanes  are  conveniently  used  with  monopro- 
pellant  engines  since  the  engine  exhaust  is  free  of  solid  particles  and  at  a  low 
enough  temperature  to  allow  simple  stainless  steel  vanes. 

Other  possible  vector  control  methods  include  translating  the  engine  or  engine 
components,  injecting  fluids  non- uniformly  into  the  exhaust  stream  (secondary 
injection)  and  by  using  auxiliary  jets.  Of  all  these  methods,  only  the  latter 
has  been  used  in  liquid  propulsion  systems  for  small  spacecraft.  Surveyor 
uses  this  method  by  differentially  throttling  three  vernier  engines  one  of 
which  can  gimbal  in  a  single  axis. 

Figure  7*3*1  shows  weight  estimates  of  rocket  engine  thrust  vector  control  systems! 
which  are  sufficient  for  preliminary  design  purposes.  The  gimbal  system  consists 
of  a  gimbal  platform,  movable  in  two  axes,  which  is  firmly  attached  to  the  engine 
and  to  the  spacecraft,  plus  the  necessary  actuators,  wiring  and  cabling.  Align¬ 
ment  adjustments  with  respect  to  the  spacecraft  are  commonly  provided  at  the  gim¬ 
bal  mount- to- spacecraft  mating  face.  Jet  vane  assemblies,  used  in  monopropellant 
engines,  consist  of  four  Jet  vanes,  four  rotary  actuators,  a  mounting  ring, 
and  the  necessary  wiring  and  cabling. 


Thrust  j  F  <-*»( Lb') 


FIGURE  7.3-1  THRUST  VICTOR  CONTROL  SYSTEM  WEIGHT 
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Figure  7* 3*2  relates  jet  vane  deflection  to  effective  g label  angle  and  specific 
impulse  penalty.  Figure  7*3*3  relates  Jet  vane  torque  motor  actuator  per¬ 
formance  power  requireaents. 

7*4  THERMAL  CONTROL 

Thermal  control  of  the  spacecraft  is  concerned  with,  among  other  things,  pro¬ 
viding  a  proper  thermal  environment  to  the  propulsion  system  and  accommodating 
the  thermal  loads  which  it  imposes. 

Propellant  temperature  affects  engine  performance  as  it  relates  to  response, 
impulse  bit  size,  bipropellant  mixture  ratio,  and  sometimes,  specified  impulse. 
These  factors  can  be  resolved  at  a  given  temperature.  Spacecraft  are,  however, 
designed  to  operate  over  a  range  of  conditions,  hence  some  variation  can  be 
expected  in  the  performance  parameters.  Absolute  limits  may  also  exist  such 
as  the  35°F  freezing  limit  of  hydrazine  under  normal  conditions.  Thermal 
control  provisions,  such  as  heaters,  are  incorporated  to  maintain  propulsion 
system  operation  within  specified  performance  limits. 

The  engine  will  absorb  cor  dissipate  thermal  energy  during  non-operating  periods 
depending  on  its  orientation  with  respect  to  the  sun  and  the  character  of 
thermal  paths  from  the  spacecraft.  Radiation  cooled  engines  are  most  6trongly 
affected  since  they  are  radiators.  Jteoper  thermal  insulation  at  engine  mounting 
points  is  a  necessity.  The  Injector  in  all  rocket  engines  views  space  through 
the  nozzle  throat  and  can,  consequently,  exceed  its  thermal  margins  unless 
adequate  provisions  are  made. 

The  engine  and  exhaust  plume  are  large  radiative  heat  sources  during  operation, 
especially  in  the  radiation  cooled  engines.  Figure  7*^1  shows  the  exterior 
thermal  profile  of  typical  rocket  engines  during  steady  state  operation. 
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FIGURE  7.1-1  ENGINE  EXTERNAL  TEMPERATURE  PROFILES 
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FIGURE  7.4-2  HYDRAZINE  ENGINE  EXHAUST  PLUME  (Ref.  32) 
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Exhaust  plume  thermal  radiation  depends  on  plume  site,  temperature,  and 
emisslvity.  Ernie sivity  is  especially  significant  In  propellants  having 
solid  particles  in  the  exhaust  such  as  with  hydrocarbon  or  alumlnised  fuels. 

Flume  radiation  from  stored  gases  is  not  significant.  With  mo  nopropellant 
engines  it  can  be  quite  Important  though  emisslvity  is  rather  low.  Figure  J.k-2 
shows  the  exhaust  plume  characteristics  of  a  200  lb.  turust  hydrazine  engine. 

Beat  conduction  from  the  engine  forward  to  the  inlet  plumbing  and  attach  points 
will  occur  following  shutdown  and  during  certain  pulsing  duty  cycles.  This  is 
referred  to  as  heat  "aoakback"  and  is  undesirable  when  it  causes  propellant 
boiling  in  the  valve  or  valve  inlet  or  if  it  induces  larger  conductive  heat 
loads  t  tiro  ugh  attaching  structure.  Monopropellant  engines,  which  have  a  high 
internal  chamber  mass,  store  a  large  amount  of  "resident  heat"  which  can 
cause  propellant  detonation  in  the  injector.  These  engines  are  usually 
designed  to  insure  against  post-operative  heat  so&kback  to  the  injector 
area  by  providing  a  thermal  short  to  other  areas  such  as  the  engine  mounting 
flange. 

7-5  LIFETIME 

Propulsion  system  components  are  subject  to  life  limitations  measured  by 
duration  or  number  of  cycles.  Valves  and.  regulators  are  primarily  subject 
to  cycle  limits,  usually  in  the  range  of  thousands  to  millions  of  cycles. 
Propellant  tank  positive  expulsion  devices  are  limited  to  fewer  cycles, 
possibly  no  more  than  one,  such  as  with  metallic  diaphragms. 

Rocket  engines  are  both  duration  and  cycle  limited.  Cold  gas  thrujtors  are 
sensitive  to  valve  cycle  limits.  Heated  gas  thrustors  are  too,  though  they 
are  also  subjected  to  heater  element  lifetime  limits.  Figures  <.5-1  and 
7*5-2  show  estimated  lifetime  characteristics  of  tungsten  wires  and  tubes 
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FIGURE  7. 5-2  TEMPERATURE  AND  PRESSURE  EFFECTS  ON  (Ref.  16) 
LIFETIME  OF  TUNGSTEN  WIRES  AND  WEES 


SHEET  172 


J  3  480?  1433  REV.  6  66 


USE  FOR  TYPEWRITTEN  MATERIAL  ONLY 


NUMBER  ge-llUllB-g 

TMC  COMI**NV  REV  ITR 


in  a  hydrogen  atmosphere.  These  characteristics  are  ataosphere  dependent, 
but  similar  information  for  other  gases  was  not  generally  available. 

Nonopropellant  engines  are  also  affected  by  the  cycle  limitations  of  liquid 
propellant  valves,  but  their  lifetime  limits  are  usually  discussed  in  terns  of 
catalyst  life.  The  destructive  mechanism  which  affects  catalyst  life  is 
erosion  coupled  with  flexing  and  thermal  cycling  in  wire  screens  abrasion 
in  particle  catalysts.  This  is  aggravated  by  extensive  pulsing  and  high 
temperatures .  Figure  7*5*3  shows  catalyst  life  for  various  hydrogen  peroxide 
thruators  in  terms  of  thrust  and  operating  duration.  The  lifetime  characteristics 
of  a  hydrazine  thrustor  using  Snell  405  catalyst  is  shown  in  Figure  7.5-4  in 
terms  of  chamber  pressure  and  propellant  flow  time.  Lifetime  of  the  non- 
spontaneous  H-7  hydrazine  catalyst  is  better  than  that  of  the  405 

"spontaneous"  catalyst,  but  hydrazine  and  peroxide  catalyst  in  general  have 
more  lifetime  capability  than  is  generally  desired  from  small  A  V  engines. 

Hydrazine  monopropellant  engines  have  now  demonstrated  over  a  million  pulses, 
and  over  8  hours  of  steady-state  operation.  Lifetime  limits  for  mo  nopropellant 
engine  parts  other  than  the  valves  and  catalysts  have  not  been  identified  in 
test  or  statistically  established. 

; 

Bipropellant  engine  lifetime  is  primarily  related  to  valve  cycling  and  operating 
duration.  The  cycle  limits  of  liquid  propellant  valves  are  more  significant 
than  with  other  engines  since  twice  as  many  valves  are  involved.  Ablative 
engines  are  life  rated  to  operating  duration  for  a  particular  duty  cycle. 

Radiation  and  regeneratively  cooled  bipropellant  engines  have  lifetime 
characteristics  similar  to  mo  nopropellant  chambers.  Their  lifetime  rating 
is  usually  stated  as  the  qualification  test  requirement  Instead  of  the  absolute 
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1  Plain  silver  screen  bed  with  SST  screen 
supports  packed  in  chamber. 

2  Samarium  nitrite  coated  silver  screen 
packed  in  cups. 

3  Bell  type  7  screen  packed  in  cups. 

4  Bell  type  7  screen  in  flame  sprayed 
silver  wall. 

5  Bell  type  7  screen  in  flame  sprayed 
nickel  well. 


Accumulated  Firing  Time  (Minutes) 
FIGURE  7.5-3  CATALYST  BED  LIFE -HYDROGEN  PEROXIDE 
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FIGURE  7-5-4  CATALYST  3ED  LIFE  CHARACTERISTIC  -  HYDRAZINE  ENGINES 
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cost,  than  is  practical  for  most  applications. 
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